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ROCKET ENGINE ALTITUDE TEST FACILITY DESIGN AND 1D
ALTITUDE SIMULATION OF LOX/LH2 PROPELLANT ROCKET ENGINE

SUMMARY

The interest in space and development studies started in B.C. for humanity.
Astronomical observations began to understand the dynamics between planets and
stars. Reaching space and flying around the world have been the most considered areas
over the years. Before the 20th century, theoretical and experimental studies were
conducted; however, scientific research increased after the 20th century. Tsiolkovsky
and Goddard contributed to rocketry both theoretically and experimentally. During
World War 11, the Germans developed V2 rockets, which were the predecessors of
space rockets in the following years. The Saturn V rocket was launched in 1967, and
it remained the most powerful rocket for humankind up to the 21st century before
Starship Heavy.

In today's world, the development of liquid-fueled rocket engines is progressing
rapidly. Many companies and agencies are designing launch vehicles, payloads, and
rocket engines all over the world. Today, NASA, ESA, SpaceX, JAXA, and others
have numerous studies on rocket engines and their components. Nowadays, research
and development of rocket engines have reached the most powerful rocket engine, the
Raptor Engine by SpaceX. Test system designs and test facility setups are constructed
even for the most powerful rocket engine designs. Various test setups and
infrastructures are being established for testing numerous subcomponents and
equipment as part of pre-flight verification for liquid-fueled rocket engines. It is worth
noting that rocket engines with turbopump feed systems undergo ground tests and
altitude simulation tests before launch in many industrial and academic studies.

Today, there is ongoing development of various test infrastructures for the feed
systems of turbopumps, including valve characterization test setups, cryogenic valve
test setups, injector test setups, turbine test setups, pump test setups for oxidizer and
fuel, leak test setups, gas generator and combustion chamber test setups, and more.
Test setups for altitude testing of first-stage and second-stage rocket engines have been
developed and are used to verify thrust and turbopump efficiency during the rocket's
flight. Altitude test setups for rocket engines are available in various countries such as
France, the United Kingdom, the United States, Germany, and South Korea, and they
are used for altitude tests of rocket engines with different thrust capacities.

Due to various factors such as different types of oxidizer and fuel feed systems, thrust
capacities, rocket engine sizes, exit temperatures, and flow rates, unique system
developments have been made and continue to be pursued. The primary sub-
components of the rocket altitude test setup, as described in the literature, include
motor feed tanks, rocket engines, vacuum chambers, diffusers, cooling water injectors,
deflectors, ejector structures, and condensing equipment. In addition to these
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components, instruments such as pressure sensors, flow meters, temperature sensors,
accelerometers, and load cells are used during performance testing to measure and
verify performance values.

Design considerations for the 1D modeling of the rocket engine followed established
processes from the literature in this study. The most common programs for 1D
modeling are EcosimPro and Simcenter Amesim. Simcenter Amesim was preferred
for studying 1D system modeling for both the rocket engine and the altitude test facility
design. In the first step, a 1D model of the rocket engine was created. A 1D model of
the LOX/LH2 liquid-fueled Expander Cycle Rocket Engine VINCI’s full model was
developed, and a simplification method was used to reduce system unknowns. For the
simplification method, the boundary conditions at the system inlet were kept the same,
while the outlet conditions of the pump and turbine became the new inlet conditions
for the thrust chamber. The pressurized oxidizer and fuel conditions remained stable
with the addition of orifices, and the performance of the combustion chamber and
nozzle was monitored. After completing the rocket engine design, the design of the
altitude test facility was undertaken. Piping, chambers, divergent-convergent
structures, steam ejectors, and steam feeding boundary conditions were added to the
system to control the results. A vacuum system model was created to observe the
VINCI rocket engine's performance under vacuum conditions lower than 50 mbarA.

In this thesis study, the performance of the VINCI rocket engine and the altitude test
facility were considered. The desired version of the VINCI was the 180 kN thrust in
vacuum. It was observed that the thrust levels and performance data produced by the
VINCI rocket engine were satisfactory during simulation. The thrust of the 1D
modeled VINCI engine was found to be nearly 178 kN. The combustion chamber
pressure manufacturer data was given as 60 barA, and the 1D model of the VINCI
simulation result was found to be 59.78 barA. The feeding lines of the fuel and oxidizer
mass flow rates were given as 5.59 kg/s and 34.11 kg/s according to the manufacturer.
Simulation results for the fuel and oxidizer were found to be 5.5 kg/s and 34.31 kg/s,
respectively. The manufacturer's specific impulse data was given as 457.2 s, and the
1D model of the VINCI simulation result was found to be 456.17 s. The main
consideration for the vacuum conditions was set at 50 mbarA, and the 1D simulation
results were found to be 42.93 mbarA with an increased steam inlet mass flow rate of
the second-stage steam ejector. For the first stage of the steam ejector, literature
information was followed, and a 110 kg/s steam condition was satisfied. For the second
ejector, 141 kg/s of steam was supplied, creating a vacuum of 42.93 mbarA. The
manufacturer's second-stage steam mass flow rate was given as 118 kg/s, suggesting
that better vacuum conditions could be achieved according to the simulation results.
Future work includes creating a digital twin with the 1D model, conducting 3D model-
based CFD analysis for the altitude test facility design, comparing real-time test data
between altitude test facilities and 1D simulation models, and running performance
scenarios in the 1D altitude test model before conducting tests.
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ROKET iRTIFA TEST DUZENEGI TASARIMI VE LOX/LH2 YAKITLI
ROKET MOTORUNUN 1D iRTiFA SIMULASYONU

OZET

Havacilik endiistrisi ve havacilik arastirma ve gelistirme ¢aligmalari, insanlik tarihi
acsindan milattan 6nce baglamistir. Gezegenler ve yildizlar arasindaki dinamikleri
anlamak amaciyla astronomik gozlemler yapilmaya baslanmistir. Uzaya ulagsmak ve
diinya etrafinda u¢gmak, yillar boyunca en c¢ok iizerinde durulan alan olmustur. 20.
ylizyildan 6nce teorik ve deneysel ¢aligmalar yapilmigsa da bilimsel arastirmalar 20.
ylizy1ldan sonra artmustir. Tsiolkovsky ve Goddard, roketcilik alaninda teorik ve
deneysel olarak katkida bulunmuslardir. II. Diinya Savasi sirasinda Almanlar, V2
roketlerini gelistirmistir ve bu roketler, sonraki yillarda uzay roketlerinin atasi
olmustur. Saturn V roketi, 1967'de firlatilmistir ve bu roket, 21. yiizyila kadar insanlik
i¢in en gii¢lii roket olmustur.Giiniimiiz diinyasinda, uzay ¢aginda gelismeler biiytik bir
ivmelenme ile geligimini siirdiirmektedir. On dokuzuncu yilin sonlarinda ve yirminci
ylizyilin baslangicindan itibaren uzaya ulagsmak i¢in kullanilan ve ilk tercih edilen
firlatma araglar1 olan roket teknolojisi ge¢misten bugiine gelisimini stirdiirmektedir.
Kimyasal reaksiyonlarin kontrollii olmasi amaciyla 6zellikle ikinci diinya savasi
zamanlarinda gelisimi ivmelenen sivi yakith roket motorlar1 giiniimiizde de aktif
olarak kullanilmaktadir. S1v1 yakitli roket motorlar literatiirde ti¢ farkli baslik altinda
incelenmekle birlikte tic farkli tip roket motoru giinlimiizde farkli metotlar da
kullanilarak yeni modeller dogurmustur. Sivi yakitlh roket motorlar1 genisleme
¢evrimi, gaz jeneratorii ¢cevrimi ve asamali yanma g¢evrimi olarak {i¢ farkl baslik
altinda incelenmektedir. Farkli gorevleri yerine getirmek amaciyla ge¢misten
giiniimiize Vulcain, VINCI, RL10 gibi farkli roket motorlar1 firlatma araglarina giig
vermek amaciyla kullanilmistir. Genisleme c¢evrimine sahip olan roket motorlari
glinlimiizde aktif olarak yaygin kullanima sahip olmamakla birlikte bir¢ok zorluk
icermektedir. Ozellikle siv1 hidrojen yakiti ile yapilan sivi yakitl roket motorlarinda
depolama tanki tasarimu, liilenin yiiksek sicakliklara karsi korunumu igin yakitin bir
miktarinin kontrol vanalartyla bir miktarmin sogutma ic¢in ayrilmast gibi kontrol
mekanizmalarinin kritikligi sebebiyle gaz jeneratorii ¢evrimli ve asamali yanma
cevrimi roket motorlar1 daha yaygin kullanilmaktadir.

S1v1 yakith roket motorlarinin firlatmadan 6nce ¢esitli alt bilesenlerin ve ekipmanlarin
test edilmesi i¢in ¢esitli test diizenekleri ve altyapilar kurulmaktadir. Turbopompali
besleme sistemine sahip roket motorlari, birgok endiistriyel ve akademik c¢alisma ile
firlatmadan Once yer testlerine ve irtifa simiilasyon testlerine tabi tutulmaktadir.
Glinlimiizde, turbopompa besleme sistemlerinin  ¢esitli  test altyapilan
gelistirilmektedir; bu altyapilar arasinda valf karakterizasyon test diizenekleri,
kriyojenik valf test diizenekleri, enjektor test diizenekleri, tiirbin test diizenekleri,
oksitleyici ve yakit i¢in pompa test diizenekleri, sizdirmazlik test diizenekleri, gaz
lireteci ve yanma odasi test diizenekleri, 1s1 esanjorii test diizenekleri ve farkl
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komponentlerin  testlerini  gergeklestirmek icin  benzer test diizenekleri
tasarlanmaktadir. Roketin ugusu sirasinda iiretilen itki ve turbopompa verimliliginin
dogrulandig1 bilinmektedir. Roket motorlarinin irtifa test diizenekleri Fransa, Birlesik
Krallik, Amerika Birlesik Devletleri, Almanya ve Giiney Kore gibi ¢esitli iilkelerde
mevcuttur ve farkli itki kapasitelerine sahip roket motorlarinin irtifa testleri igin
kullanilmaktadir. Farkli oksitleyici ve yakit besleme sistemleri, itki kapasiteleri, roket
motoru boyutlari, ¢ikis sicakliklar1 ve akis hizlart gibi gesitli faktorlerden dolayi,
benzersiz sistem gelistirmeleri yapilmis ve yapilmaya devam edilmektedir. Literatiir
orneklerinde roket irtifa test diizeneklerinin baglica alt bilesenleri, motor besleme
tanklari, roket motorlari, vakum odalari, difiizérler, sogutma suyu enjektorleri,
yansiticilar, ejektér yapilart ve kondenzasyon ekipmanlarint icermektedir. Motor
besleme tanklar1 6zellikle yer testlerinin kullanimi agisindan biiylik bir 6neme sahip
olmasa da kriyojenik sicakliklarda depolama yapilmasindan otiirii 6zeli bir tasarim
gerekmektedir. Cift cidarli tank ve vakum izoleli bosluklar ile birlikte iletim ve
konveksiyon temelli 1s1 kayiplar1 6nemli Slgiide azaltilmaktadir. Tank malzemeleri
icin bircok malzeme kullanilmakla birlikte tanklarin basingli olup olmadigina bagh
olarak paslanmaz celik, aliiminyum, kompozit ve farkli ¢elik alagimlar1 genel olarak
kullanilmaktadir. Roket motorlarinin yerlesimi ve dogru o6l¢iim yapilmasi igin
bremzeler kurularak farkli performans testlerine hitap etme 6zelligine sahip yerlesim
saseleri yaygin olarak kullanilmaktadir. Irtifa test diizeneklerinde kullanilan buhar
ejektorleri ise vakum ejektorleri olarak endiistride ve havacilikta yaygin olarak
kullanilmaktadir. Ozellikle hatlarda biriken su, yakit ve yag gibi zamanla korozyona
sebep verebilecek maddelerin hatlardan tamamen ¢ikarilmasi igin de kullanimi s6z
konusudur. Borulama hatlarinda ise gegen akiskan 6zelliklerinin 6nemi s6z konusudur.
Kriyojenik sicakliklarda genellikle paslanmaz serisi boru malzemeleri yaygin sekilde
kullanilmaktadir. Borulamalardan da kayip yasanmamasi adma boru tasarimlar
vakum izoleli olarak yapilmaktadir. Kondensatorler ise genellikle buhar ejektorlerinin
kullandig1 ytliksek miktardaki suyu tekrar kullanmak icin kullanilmaktadir. Tekrar
kullanilacak olan suyun icerisinde yer alan yakit ve oksitleyici sebebiyle ¢esitli filtreler
kullanilmakla birlikte kullanilan oksitleyici ve yakitin se¢imine uygunluk énemli bir
kriter olarak goriilmektedir. Bu bilesenlere ek olarak, basing sensorleri, akis dlgerler,
sicaklik sensorleri, ivmedlgerler ve yiik hiicreleri gibi enstriimanlarin performans
testlerinde kullanildigi ve performans degerlerini 6lgmek ve dogrulamak igin
kullanildig1 bilinmektedir. Segilen enstriimantasyon ve test diizenegi ekipmanlar ilgili
motorlarin tasarimi icin secilmekle birlikte yiiksek sicaklik, diisiik sicaklik gibi
kosullar goz ontlinde bulundurularak ilgili arayiizler tasarlanmaktadir.

Roket motorlarinin modellenmesi konusunda farkli kaynaklar kullanilarak yetkin
programlar araciligiyla ilgili gorevlere yonelik tasarimlar yapilmaktadir. Roket
motorlari i¢in kullanilan turbopompalarin tiim komponentlerinin gelistirilme siiregleri
farkli analiz programlar ile yiiriitiilmektedir. Roket motorlarinin tasariminda pompa
performanslarin1 incelemek amaciyla CFTurbo ve benzeri programlar araciligiyla
calismalar yuriitilmektedir. Tiirbin performanslarini incelemek ve tasarimini yapmak
amaciyla Concepts NREC ve benzeri programlar araciligi ile tasarimlar yapilmaktadir.
Ozellikle sizdirmazlik elemanlar1 igin mil, tiirbin ve pompalar arasindaki ikincil akis
caligmalart i¢cin GFSSP, Flownex ve 6zgiin yazilimlar siklikla kullanilmaktadir.
Turbopompa elemaninin ve roket motorunun modellenmesi i¢in giiniimiizde ESA
tarafindan literatiirde siklikla kullanilan EcosimPro yazilimi1 kullanilmaktadir.
EcosimPro yazilimmna ek olarak Flownex ve Simcenter Amesim yazilimlar
giiniimiizde roket motorlarinin 1D modellenmesinde siklikla kullanilmaktadir.
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EcosimPro ve Simcenter Amesim programlarinda RL10A-3-3A roket motorunun
modellenmesiyle birlikte endiistride bir¢ok firma bu iki yazilim1 kullanmaktadir.

Roket motorunun 1D modelleme tasarim diisiinceleri literatiirdeki yerlesik stirecleri
g6z Oniinde bulundurularak calismalar gergeklestirilmistir.. 1D modelleme i¢in en
yaygin programlar EcosimPro ve Simcenter Amesim'dir. Hem roket motoru hem de
irtifa test tesisi tasariminin 1D sistem modellemesi ¢calismalarinda Simcenter Amesim
tercih edilmistir. Ik adimda, roket motorunun 1D modeli olusturulmustur. LOX/LH2
sivi yakith Genisleme Cevrimli Roket Motoru olan VINCI'nin tam modelinin 1D
modeli gelistirilmis ve sistem bilinmeyenlerini azaltmak i¢in bir basitlestirme yontemi
kullanilmistir. Basitlestirme yontemi igin, sistem girisindeki sinir kosullar1 ayni
tutulmus, pompa ve tiirbinin ¢ikis kosullart ise itki odasinin yeni giris kosullari
olmustur. Basingli oksitleyici ve yakit kosullar orifis eklemeleri ile sabit tutulmus ve
yanma odasi ile noziilin performansi izlenmistir. Roket motoru tasariminin
tamamlanmasinin ardindan, irtifa test tesisi tasarimina baslanmistir. Sistemin
sonuglarii kontrol etmek i¢in borular, odalar, divergent-konvergent yapilar, buhar
ejektorleri ve buhar besleme sinir kosullari sisteme eklenmistir. VINCI roket
motorunun performansint 50 mbarA'nin altindaki vakum kosullarinda goézlemlemek
i¢in bir vakum sistem modeli olusturulmustur.

Bu tez c¢alismasinda, VINCI roket motorunun ve irtifa test tesisinin performansi
incelenmistir. Vakumda 180 kN itki giicli saglayan VINCI versiyonu hedeflenmistir.
VINCI roket motoru tarafindan iiretilen itki seviyeleri ve performans verilerinin
simiilasyon sirasinda tatmin edici oldugu goézlemlenmistir. 1D modellenen VINCI
motorunun itki giicii yaklasik 178 kN olarak bulunmustur. Yanma odas1 basinci tiretici
verisi 60 barA olarak verilmis olup, VINCI simiilasyon sonucunun 1D modeli 59.78
barA olarak bulunmustur. Yakit ve oksitleyici kiitle akis oranlarinin besleme hatlari,
ireticiye gore 5.59 kg/s ve 34.11 kg/s olarak verilmistir. Yakit ve oksitleyici
simiilasyon sonuglari ise sirasiyla 5.5 kg/s ve 34.31 kg/s olarak bulunmustur. Uretici
tarafindan verilen spesifik itki verisi 457.2 s olarak verilmis olup, VINCI simiilasyon
sonucunun 1D modeli 456.17 s olarak bulunmustur. Vakum kosullar1 i¢in ana kriter
50 mbarA olarak belirlenmis olup, ikinci asama buhar ejektoriiniin artirilmis buhar
giris kiitle akis hiz1 ile 1D simiilasyon sonuglar1 42.93 mbarA olarak bulunmustur. ilk
asama buhar ejektorii i¢in literatiir bilgisi takip edilmis ve 110 kg/s buhar kosulu
saglanmustir. Ikinci ejektor i¢in 141 kg/s buhar saglanmis ve 42.93 mbarA vakum
olusturulmustur. Ureticinin ikinci asama buhar kiitle akis hiz1 118 kg/s olarak verilmis
olup, simiilasyon sonuglarma goére daha i1yi vakum kosullarinin saglanabilecegi
ongoriilmektedir. Gelecek galigmalar arasinda 1D model ile dijital ikiz olusturulmast,
irtifa test tesisi tasarimi igin 3D model tabanli CFD analizi, irtifa test tesisi ve 1D
simiilasyon modelleri arasinda ger¢ek zamanli test verisi karsilagtirmasi, ve testlerden
once 1D irtifa test modelinde performans senaryolarinin ¢alistirilmas: bulunmaktadir.
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1. INTRODUCTION

From the early 1950s to today, rockets have become one of the essential aerial vehicles
for transferring satellites, probes, rovers, robots, and humans. Even though mission
failures have resulted in losses, including deaths, the development of rocket
technology has not diminished its impact on the space industry. The history of rocketry
began in China around AD 970. These early rockets were the ancestors of simple
rockets later developed by the Mongols for military use in the 1300s. After
encountering rockets, Western civilizations developed modern systems. Modern
rocket technology started with Tsiolkovsky, who formulated the rocket equation and
designed the architecture for a more powerful thrust system than the powder-based
systems. This design, called the liquid propellant rocket engine, was intended for space
travel. After Tsiolkovsky's developments were published, Herman Oberth published
his doctoral thesis on liquid fuel-based engines using alcohol and LOX in 1923. Robert
Goddard was the first person to experimentally fire liquid propellant engines. He
solved many problems experimentally, such as storage, combustion, and thrust system
development. The first practical liquid propellant engine, the A4 (known as V-2), was
successfully developed by Wernher von Braun, based on concepts from Goddard's
studies. After the Second World War, the U.S. and Soviet Union started their space
programs, accelerating the development of modern liquid propellant rocket engines.
The first programs for modern liquid propellant engines were R7 and Atlas. Over the
years, engines like Titan, Saturn, and RL10 were developed, becoming the ancestors
of new modern liquid propellant rocket engines [1] [2] [3] [4]. Today, many liquid
propellant rocket engines are actively developed and used in space programs, including
Merlin, RD107, Raptor, LE-X, and VINCI.

Today, solid, hybrid, and liquid propellant rocket engines are frequently used in
modern space programs for different missions. For liquid propellant rocket engines,
there are two types of feeding systems: pressurized systems and turbopump systems.
Both feeding systems are challenging and must be modeled for rocket engines. After

selecting the proper feeding system, the thrust chamber is designed and combined with
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the feeding system. Liquid propellant engines have many sub-components, including
valves, pipes, propellant tanks, injectors, nozzles, gas generators, combustion
chambers, pneumatic controllers, and hydraulic controllers. All sub-components and
main components are simulated to verify the engine design. 1D simulations can be
conducted with different programs, optimizing the rocket engine design with all
components. Depending on the purpose, combustion chamber components, fluid
components, nozzle components, pump components, turbine components, mechanical
interface components, gas generator components, piping components, and other

components are developed via 1D design programs.

Test facilities and systems are developed and used to verify the sub-component and
component design of liquid propellant engines. Various test systems are used,
including hydraulic and pneumatic test rigs for valves, pump test rigs for pump
performance, turbine test rigs for turbine performance, cryogenic-pressurized tank test
rigs for propellant tanks, sealing elements test rigs, hot firing test rigs, stage test rigs,

and altitude test rigs.

The novelty of this study is combining a liquid propellant rocket engine with an
altitude test facility in a 1D simulation program. For the 1D rocket engine simulations,
reference vacuum conditions are defined for the engine, and performance is analyzed
in the simulation program. In real life, altitude test facilities are used to verify rocket
engine performance, and different conditions can occur. Vacuum conditions can be
simulated in various scenarios with an altitude test facility, and rocket engine design
can be optimized under different conditions before flight. The selection and design of
altitude test facility components can be optimized with 1D simulation, creating a
digital twin of test conditions to reduce the costs of engine tests.

1.1 Purpose and Importance of Test Systems

The space technology market has been growing over the years, with countries around
the world demanding various payloads in orbit around the Earth. The reduction of costs
for payloads and launch vehicles has led to increased investments in space technology,

as seen in Figure 1.1.
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Figure 1.1: Space Related Companies Investments [5]

Research and development in space technology are supported by investments in test
systems, optimized software, and academic research. In the aerospace industry, there
are numerous test system examples where specific components for aerial vehicles can
be directly tested. Aerial vehicle engine tests are conducted under two conditions: sea
level tests and altitude tests. In sea level tests, the test rig for the engines is under
standard conditions that humans experience daily. Engine behavior is examined by test
engineers, and the collected data is used to optimize software for mechanical analysis,
CFD analysis, ECU analysis, and other programs. In altitude tests, the test rig for the
engines is under low pressure or vacuum conditions, simulating high altitude and space
conditions. Similar procedures provide engineers with information to develop
optimized aerial vehicle engines. Rocket engine behavior is examined based on similar
aerial vehicle engine test procedures. Generally, most launch vehicles have more than
one stage to reach Earth orbit, requiring rocket engines to be tested under different

conditions before flight.

For the first stage of launch vehicles, the rocket engine operates under atmospheric
conditions, similar to sea level conditions, progressing to low pressure during flight.
After the first stage, the launch vehicle enters the second phase of flight, where the
second stage rocket engine is fired. The second stages of rocket engines typically
operate under vacuum conditions, simulating the presence of space. Rocket engines
are usually used only once during flight, and errors can result in failure and explosions.
Companies and agencies conduct extensive tests on rocket engines before flight. Test
systems are designed by engineers following standards like MIL-STD, SAE, ASME,
and EN. These standards are set by governing bodies, countries, and agencies to ensure
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safety during tests. Performance tests for the entire engine, main components, and sub-
components are conducted using test rigs. Test rigs provide critical information for the
tested component, measuring acceleration, pressure, temperature, mass flow rate, dew
point, force, displacement, torque, power, RPM, flame detection, and other measurable

values via sensors or probes.

As this thesis concentrates on the altitude test system design and 1D simulation of
rocket engines, test system components and rocket engine specifications are widely

used.

1.2 Measuring the Performance

Altitude test facilities are used for testing rocket engine second stage before the flight
of the launch vehicles. The common measured values for the altitude test facilities are
exhaust gas temperature, pressure around the rocket engine, mass flowrates of the
oxidizer and fuels, characteristic velocity of the nozzle exhaust gas, valve responses,
acceleration of rocket engine and rocket engine’s generated thrust. Rocket engine
includes stages in its structure and all stages have instruments to check problem

between stages.

Sensors to measure given common measured values have to be selected carefully that
accuracy of the measured value importance. There are also DAQ systems that collects
and process signals from the sensors. Sensor assemblage on the measurement region
is an important case that extremely cold and extremely hot regions could result in
failure. Failure can be prevented by sensor’s materials, placing far away location via
tubes, cooling-heating around the sensors and proper sensor selections Pressure
measurements are generally measurement by pressure transmitters. Typical simple

pressure transmitter can be seen in Figure 1.2.

%
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Figure 1.2: Pressure Transmitter [6]



Temperature measurements are generally measured by thermocouples and RTDs.
Typical simple thermocouple can be seen in Figure 1.3.

e

Figure 1.3: Mineral Insulated Thermocouple [7]

Mass flowrate measurements are generally measured by flowmeters. Flowmeters have
various types for different fluid types. For the general applications, coriolis and turbine

type flowmeters are widely used. Typical coriolis flowmeter can be seen in Figure 1.4.

Figure 1.4: Coriolis Type Flowmeter [8]

Velocity measurements are very hard to measure for exceeding speed of sound. Total
pressure probes are widely to measure total pressure and measured values shows after
shock interactions. There are some correlation methods are valid for bow shock and
oblique shock interactions. Taylor-Maccoll is typical known correlation method for
conic probes [9].

Acceleration that can be stated as vibration measurements are generally measured by
accelerometers. Accelerometers have various types for different purposes and typical
simple CCLD type accelerometer can be seen in Figure 1.5.
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Figure 1.5: Accelerometer [10]

Thrust measurements are generally measured by loadcells. Loadcells have to get force
from plates and convert this reaction to force by strain gages. Loadcells have various

types for customers and typical S type loadcell can be seen in Figure 1.6.

Figure 1.6: Loadcell [11]

1.3 Literature Overview

For the altitude test facilities there are many different design methodologies for

different rocket engines. German based test facility is seen Figure 1.7
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Figure 1.7: P4.1 Test Facility [12]

P4.1 test facility is used for VINCI rocket engine that is designed by DLR. In this test
facility different versions of the altitude test facilities are available according to related
studies. As it is seen Figure 1.7, there are a number of components that are related with
engine performance. LOX consumption of the VINCI is considered huge and run tank
volume is seen higher than buffer tank. LH2 consumption of the VINCI rocket engine
is considered lower that run tank is not added for design. Vacuum chamber is used to
create vacuum around the engine and vacuum is created by the ejectors. Center body
diffuser is used to control of the velocity which is generated by the engine. There are
other important considerations which are heat loads on component and dimension

limitations on the center body design [12] [13]. Center body diffuser has cooling

channels and water feeding systems on its design as it is seen in Figure 1.8.




Figure 1.8: Diffuser for Cold and Hot Tests [13]

There are a number studies were held in USA. NASA conducts altitude test simulation
bench designs in U.S and construction documents were shared. As it is seen in German
based altitude test facility design, NASA’s altitude test simulation system includes
diffuser and ejector systems. This test stand is called A3 and it is seen in Figure 1.9.
[14]

Test Cell
300 ft

Diffuser / Ejector

Figure 1.9: A3 Test Stand for J2-X Engine [14]

3D model of the A3 test stand is detailed for the construction of altitude test bench. In
this test bench, feeding run tanks for LOX LH2, feeding lines, 1% stage ejectors,
diffuser, diffuser cooling feeding, 2" stage ejectors, steam generators and outlet

diffuser to atmosphere is seen in Figure 1.10 and Figure 1.11
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Figure 1.11: A3 Test Stand Detailed Construction [14]

Titan I1I’s rocket engine is also tested by US. The test cell for the rocket engine that is
called J-3 was developed and used for the altitude simulations. In this test cell, various
altitude test simulation is conducted between 100,000 — 200,000 fts that is nearly 30

km to 60 km altitude test values in metric units. Vacuum is created via steam ejectors
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and without steam ejectors variation of the test cell pressure can be problem in here.
J-3 test stand design clarify that spray cooling water is important to remove big amount
of thermal energy of exhaust gases. Test cell construction of the J-3 is seen in Figure
1.12.

SUPERSONIC
EXHAUST
DIFFUSER

STREAM- DRIVEN EJECTOR

Figure 1.12: J-3 Test Stand [15]

Developed version of the J-3 test stand was used for LR 91, RL10 and various rocket
engines in NASA’s test sites that is called J-4. Similar design of the J-3 and A3 test
stand construction is seen as it is expected. Developed version of the J-4 test cell is
seen in Figure 1.13 [16].
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Figure 1.13: J-4 Test Stand [16]

Another test stand is seen in Westcott Test Facility in United Kingdom. In this test
system approximate vacuum condition is satisfied between 35-50 mbarA pressure.
Tested engines are small and thrust capability of engines are 1-2 kN in this study.

Design and model of the test stand is seen in Figure 1.14

Figure 1.14: J3 Test Stand in UK [17]

Korean rocket engine test facilities also include altitude test facilities and give some
information about altitude test facility design. Small class of liquid rocket engine
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which is stated as 500N is tested in altitude test facility. Simulation condition for the
vacuum is 27 mbarA for this rocket and test stand design can be seen in Figure 1.15.

Figure 1.15: Korean Small Scale Engine Altitude Test Facility [18]

1.4 Purpose of Study

In this study, altitude test facility design concepts, 1D modeling of rocket engine
design concepts, 1D modeling of an altitude test facility, and 1D simulation of the
rocket engine and its altitude test facility are presented. To validate the rocket engine
performance under different conditions (Start-stop behaviors and different atmosphere
performance), the manufacturer's datasheet is used to verify the performance values of
the simulated rocket engine, which is VINCI. VINCI has its altitude test facility, and
some of the experimental data have been shared by the manufacturer. This study does
not include all components of expander cycle, staged combustion cycle, and gas
generator cycle rocket engines via a 1D simulation program. The main focus of this
study is combining rocket engine design with altitude test facility design in a 1D
simulation program. This system can be used for pre- and post-processing of rocket
engine performance in altitude test facilities, potentially reducing the number of
altitude tests required through simulation validation. For future studies, experimental
results can be incorporated into the 1D simulation program for optimization. A digital
twin of the rocket engine at different altitudes may be simulated, allowing for design

optimizations without extensive testing.
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2. LIQUID PROPELLANT ROCKET ENGINES & SOME EXAMPLES

2.1 Physics of Rocket Engine

2.1.1 Theory of thrust

Rockets operate according to Newton's Third Law, which states that every action result
in an equal and opposite reaction. In simple terms, this means that when gases are
expelled from a rocket engine at high speeds, they push the rocket in the opposite
direction with an equal force. This propulsion is achieved through the combustion of
propellants (fuel and oxidizer) inside the engine's combustion chamber, where they
react to produce hot gases. These gases are then expelled through the engine nozzle at
high velocities, generating thrust and propelling the rocket forward. Pressure acting on
rocket engine is seen in Figure 2.1 [1] [4].

Atmosphere @ Converging nozzle section
Pa |

Diverging nozzle section

il

~ Chamber_ o ) Uy —
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e ——

{

Figure 2.1: Pressure acting on rocket engine [4]

Rocket engine is accelerated via change of momentum of the outgoing gasses and
thrust occurred. Newton’s Second Law, which states force is equal to the rate of the
change of momentum. Generally, Newton’s Second Law is known as equation 2.1 in

the modern physics lectures [1] [4].
F=m=x*a (2.1)
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In modern rocket technology, mass of the rocket is decreased due to burning of the
fuel and oxidizer according to the time. Equation 2.1 forms in to equation 2.2 for the
rocket behaviour [1] [4].

du dm
F—m(t)*a+u*g (2.2)

Control volume approach can be applied to the Figure 2.1. According to the control
volume approach in inviscid fluid dynamics, control volume force equation can be

modified as equation 2.3
F=mx Vexit + (Pexit - Penvironment) * Anozzle (2-3)

2.1.2 Rocket engine performance calculations

Rocket engines are various performance metrics. For the rocketry, performance of the
rockets is generally compared according to their thrust, specific impulse, mixture
ratios. To compare these values there are many equations that are generated to
calculate each of performance metrics such as expansion ratio, exhaust velocity, Mach

number and the other parameters.

Specific impulse is a measure of how efficiently a rocket engine utilizes its propellant.
It represents the total impulse produced by the engine per unit mass of propellant
consumed. In simpler terms, it tells us how effectively a rocket engine converts its fuel
into thrust. A higher specific impulse means the engine can generate more thrust with
less fuel, indicating greater efficiency [1] [4]. Specific impulse is shown by Is, and it
could be calculated in equation 2.4.

F

mxgg

Isp = (2.4)

Mixture ratio is the measure of how efficiently oxidizer and fuel burn in combustion
chamber of rocket engine. It is very important parameter for launch vehicle design
because rocket engine storage tanks volume, total mass of the launch vehicle
determination and center of gravity position to maneuvers are affected by consumption
values of fuel-oxidizer. In literature, the representation may be different and r is used

generally for the mixture ratio as it is calculated in equation 2.5 [1] [4].

r= 20 (2.5)

mg
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Expansion ratio of the rocket is an important parameter to design nozzle of the rocket
engines. This parameter is used for determining throat are to nozzle area of the outlet
that throat area limits mass flowrate of the combustion chamber products and expanded
area changes the velocity of the exhaust gas. In literature, the representation may be
different and ¢ is used generally for the expansion ratio as it is calculated in equation
2.6 [1] [4].

A
£ = nozzle outlet (2.6)
Athroat

Exhaust velocity indicates the rate at which the engine expels the hot gases from its
combustion chamber. This factor significantly influences the engine's effectiveness
and directly impacts the thrust it generates. Generally, higher exhaust velocities lead
to increased thrust and efficiency in the rocket. In literature, the representation may be
different and v is used generally for the exhaust velocity as it is calculated in equation
2.7 [1] [4].

4 P -1
_ <% _ Tambient| V¥
va = oo R* T, * [1 N ] (2.7)

Mach number indicates how fast the rocket is moving compared to the speed of sound.
Designing propulsion systems to ensure effective flight across different speed ranges,
including subsonic, supersonic, and hypersonic speeds. Mach number is also important
for the following shock effects after the nozzle outlet. Mach number is also an
important parameter for the nozzle throat that Mach number at the throat is equal to
one in ideal condition. In literature, the representation M is used generally for the
exhaust velocity as it is calculated in equation 2.8 [1] [4].

M= Jy*xRxT (2.8)

2.2 Liquid Propellant Rocket Engines

Liquid rocket engines are vital components of space propulsion systems, functioning
by igniting liquid propellants, typically a blend of fuel and oxidizer, within a
combustion chamber. This process results in the creation of high-pressure, high-
velocity exhaust gases that are expelled through a nozzle, thereby generating thrust in

accordance with Newton's Third Law of Motion. These engines play an indispensable

15



role in modern rocketry, being essential for launching spacecraft, satellites, and

conducting interplanetary missions.

Compared to solid rocket engines, liquid rocket engines generally provide superior
specific impulse, a key metric for propellant efficiency crucial for achieving the
velocities required for space travel. This heightened specific impulse translates to
greater thrust per unit of propellant, rendering liquid engines indispensable for
missions necessitating extended durations and deep-space capabilities. An
advantageous feature of liquid rocket engines is their capacity for thrust control,
enabling them to be throttled, shut down, and restarted as needed. This flexibility
facilitates intricate maneuvers like orbital insertion, precise spacecraft adjustments,
and gentle landings on celestial bodies, all vital for meeting the precision requirements
of modern space exploration missions. Liquid rocket engines are adaptable to a wide
array of propellant combinations, such as liquid oxygen (LOX) with kerosene (RP-1)
or liquid hydrogen (LH2), allowing engineers to tailor performance to specific mission
parameters. For instance, LOX/LH2 offers exceptional specific impulse suited for
upper stages and interplanetary missions, while LOX/RP-1 provides simplicity and
ease of storage advantageous for lower stages of launch vehicles. These engines boast
a high thrust-to-weight ratio, enabling them to generate substantial thrust relative to
their mass. This characteristic is particularly critical for lifting heavy payloads into
orbit and beyond, rendering liquid rocket engines indispensable for both crewed and
uncrewed space missions. Advanced designs, such as staged combustion cycles,
further enhance the performance of liquid rocket engines. In these configurations, a
portion of the propellant is burned in a pre-burner to drive turbopumps before
undergoing complete combustion in the main chamber. This method maximizes
efficiency and thrust, exemplified by engines like the Space Shuttle Main Engine
(SSME) and the Russian RD-180, thereby enabling enhanced performance and
efficiency in space missions [1] [2] [4] [19].

2.2.1 Liquid rocket engine components

Liquid rocket engines have a number of components in its structures. To get precise
thrust force for the launch vehicle, combined version of the all components has to be

worked together. In literature, there are many assemble version of the rocket engine is
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available and details are shared by the manufacturers. A detailed version of the rocket
engine is seen in Figure 2.2.
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Figure 2.2: RS-25 Rocket Engine [4]

A schematic for a rocket engine can be seen in Figure 2.3.
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Figure 2.3: J-2 Rocket Engine [2]
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2.2.1.1 Propellant tanks

Propellant tanks play a fundamental role in the configuration of liquid rocket engines,
serving as essential reservoirs for storing liquid fuel and oxidizer until required for
combustion. Constructed from materials carefully chosen for their combination of
strength and lightweight properties, these tanks are engineered to endure the
substantial pressures and extreme cold associated with propellant containment. Their
primary objective is to maintain the stability and operational preparedness of the
engine system, thereby facilitating optimal conditions for ignition and propulsion
maneuvers during space missions. A structure of the propellant engine differs from
common storage tanks and an example of the structure of propellant tank can be seen
in Figure 2.4[1] [2] [4] [19].
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Figure 2.4: S-1VB Propellant Tank [2]

2.2.1.2 Turbopumps

The turbopump, a critical element in liquid rocket engine setups, consists of turbines,

impellers, seals, bearings, and supplementary parts. Turbines, often operated by gas
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generators or staged combustion cycles, convert energy to propel the pump
mechanism. Impellers are key in boosting fluid speed and pressure as they rotate within
the pump. Sealing elements maintain fluid integrity, while bearings aid in the smooth
rotation of components. Turbine feeding manifold is also important component of the
turbopump that feeding supersonic speed gas to turbine for rotating. Collectively, these
elements collaborate to pressurize and distribute propellants, guaranteeing top-notch
engine functionality and dependability. A simple turbopump model can be seen in
Figure 2.5 [1] [2] [4] [19].
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Figure 2.5: Simple turbopump model [4]

2.2.1.3 Combustion chamber

The combustion chamber serves as the core of the liquid rocket engine, where fuel and
oxidizer combine and ignite to generate thrust. Crafted from materials engineered to
endure intense temperatures and pressures, this chamber enables efficient combustion
while limiting heat transfer to surrounding engine parts. Crucial for producing the
high-pressure, high-velocity exhaust gases essential for propulsion, the combustion
chamber plays a vital role in engine operation [1] [2] [4] [19].
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2.2.1.4 Injector

Injectors represent intricate assemblies positioned at the inlet of the combustion
chamber. Their function is to atomize the liquid propellants and evenly distribute them
to promote swift and thorough combustion. By ensuring meticulous blending of the
fuel and oxidizer, injectors facilitate efficient combustion, thereby reducing pressure
losses and instability within the combustion chamber [1] [2] [4] [19].

2.2.1.5 Nozzle

The nozzle serves as the exhaust point of the combustion chamber, where the high-
pressure exhaust gases expand and gain acceleration, resulting in thrust production.
Different nozzle configurations are employed to enhance the velocity and efficiency
of the exhaust gases, tailored to meet specific mission demands and operational
circumstances. The nozzle design holds paramount importance in maximizing thrust

generation and optimizing the overall performance of the engine [1] [2] [4] [19].

2.2.1.6 Valves:

Valves play a critical role as indispensable components governing the flow of
propellants and fluids within the engine system. They oversee flow rates, direction,
and pressure, ensuring meticulous operation throughout the mission duration. Valves
encompass various types such as isolation valves, check valves, and control valves,
each with designated functions aimed at preserving the integrity and dependability of
the engine system [1] [2] [4] [19].

2.2.1.7 Pipelines

Pipelines, also termed feed lines, are responsible for transporting liquid propellants,
pressurized gases, and coolant fluids among various engine components. These
interconnected networks of tubes and ducts are designed for accurate flow control,
minimal pressure losses, and resilience against corrosion and erosion. Pipelines play a
vital role in ensuring the effective and dependable transfer of fluids within the engine
system [1] [2] [4] [19].

2.2.1.8 Filters

Filters are incorporated into propellant lines and subsystems to eliminate contaminants
and debris from propellants and fluids, thereby upholding system cleanliness and
reliability. These filters encompass a range of designs such as mesh screens, porous

cartridges, and centrifugal separators, each customized to meet specific filtration needs
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and flow rates. Their primary function is to prevent clogging and safeguard engine
components from damage during operation, making them indispensable for ensuring

optimal engine performance [1] [2] [4] [19].

2.2.1.9 Pressure regulators

Pressure regulators are tasked with upholding the desired pressure levels within the
engine system by regulating flow rates through valve adjustments. Their function is to
avert over pressurization and cavitation, thereby ensuring safe and efficient engine
operation. Pressure regulators assume a pivotal role in sustaining system stability and

performance throughout space missions [1] [2] [4] [19].

2.2.1.10 Heat exchangers

Heat exchangers play a vital role in facilitating the transfer of thermal energy between
fluids within the engine system, thereby regulating temperatures and managing
thermal gradients. These components encompass various forms such as regenerative
cooling channels, radiators, and heat sinks, each designed to dissipate excess heat
generated during combustion. Heat exchangers are indispensable for maintaining
component temperatures within acceptable limits, thereby guaranteeing optimal

engine performance and reliability [1] [2] [4] [19].

2.2.2 Propellant feed systems for liquid propellant rocket engines

Liquid propellant rocket engines require propellant to maintain mission during the
flight. There are many sub-feed systems for the liquid rocket engines however the main
two subjects are pressurized feeding systems and turbopump based feeding systems.
The detailed family of the feeding systems for the liquid propellant rocket engines can

be seen in Figure 2.6 [4].
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Figure 2.6: Liquid Propellant Rocket Engine Feeding Systems [4]

2.2.2.1 Gas pressurized feeding systems

The gas pressure system stands as one of the oldest and most reliable methods for
propelling liquid propellants. This system comprises two main configurations which
are regulated pressure and blow-down feed systems. In the regulated pressure
arrangement, a gas pressure regulator maintains a constant tank pressure, ensuring
consistent thrust during engine operation. Essential components of this system include
high-pressure gas tanks, regulators, propellant tanks, valves, and feed lines, with
additional features like check valves and pressure sensors enhancing system
robustness. After propellant depletion, the pressurizing gas can be employed to clear
residual propellant from lines and valves. In contrast, the blow-down feed system
operates by utilizing the expansion of gas within propellant tanks to expel propellants.
While blow-down systems are lighter than regulated pressure setups, they experience
declining gas temperatures, pressures, and thrust as propellants are consumed. Various
bipropellant pressurization methods and optional features are discussed in references,
with monopropellant systems offering simplified designs due to utilizing only one
propellant. Simple diagram of a blow-down type gas pressure feed system can be seen
in Figure 2.7 [4] [19].
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2.2.2.2 Turbopump feed systems

The turbopump feed system represents an advanced technique employed in rocket
propulsion to pressurize propellants. It involves individual pumps propelled by
turbines energized by high enthalpy gases. These systems are favored for their
effectiveness in high-thrust, extended-duration scenarios. Compared to alternative
systems, turbopump feed systems are generally lighter, rendering them well-suited for
applications such as space launch vehicles and long-range missiles. They are
engineered to adapt to diverse application needs and are particularly adept in situations

demanding substantial total impulse [4] [19].

Rocket engines utilizing a turbopump feed system typically operate through various
engine cycles, extensively applied in real-world scenarios. These cycles entail specific
pathways for propellant flow within engine components, methods for delivering hot
gas to turbines, and procedures for managing turbine exhaust gases. Engine cycles are
broadly classified into two categories which are open and closed cycles. In open
cycles, the turbine's working fluid is either released into the nozzle exit section of the
thrust chamber or discharged overboard after expansion. Closed cycles, also known as
topping cycles, involve directing all turbine working fluid into the combustion
chamber to optimize energy utilization. This method generally results in superior
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performance compared to open cycles, where turbine exhaust gases undergo limited
expansion [4] [19].

For the engine cycles, there are three main design concepts are available which are
expander cycle, gas generator cycle and staged-combustion cycle. Schematics for the

three types of cycles can be seen in Figure 2.8.
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Figure 2.8: Liquid Propellant Engine Cycles [4]

The expander cycle, notably employed in rocket engines like the RL10 LOX/LH2
engine series and the VINCI engine examined in this thesis, utilizes various cryogenic
fuels such as hydrogen and methane. This cycle entails heating and evaporating the
fuel before directing it into low-pressure-ratio turbines via the engine's cooling system.
A portion of the coolant is diverted past the turbine and reenters the exhaust flow,
eventually reaching the injector or combustion chamber. This cycle offers advantages
including high specific impulse, the absence of a gas generator, and relatively

lightweight engine construction. RL10 engine variations, including the RL10B-2
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featuring an extendible nozzle skirt, have proven effective in upper stages of diverse
space launch vehicles. Thrust regulation in these engines involves controlling fuel gas

flow to the turbine and bypassing it to maintain consistent chamber pressure [4] [19].

The gas generator cycle, most commonly employed among the three, is known for its
simplicity, lower pressures, and reduced inert mass and engine cost compared to other
cycles. In this system, turbine inlet gas is sourced from a separate gas generator,
supplied either by pressurized propellant tanks or drawn from main propellant pump
discharges. Turbine exhaust gases are typically discharged overboard through
uncooled ducts and small nozzles, maintaining a fuel-rich mixture to enable the use of
uncooled turbine blades and nozzle exit segments. An example of an engine operating
on the gas generator cycle is the LOX/LH2 RS-68 rocket engine, utilized in the Delta
IV Heavy launch vehicle. Unlike alternative cycles, the gas generator cycle features a
parallel turbine flow-path with the thrust chamber flow-path, simplifying its
development and operation. However, this configuration incurs a performance penalty
due to factors such as incomplete expansion of turbine-drive gases and mixture-ratio
shifts in the main thrust chamber. Despite these drawbacks, the inherent simplicity of

the gas generator cycle makes it a preferred choice for both booster and space engines
[4] [19].

The staged-combustion cycles utilize a coolant flow path similar to the expander cycle,
alongside a pre-burner acting as a high-pressure gas generator. This pre-burner ignites
fuel with a portion of the oxidizer to produce high-enthalpy gas for the turbines. The
entirety of the turbine exhaust gas is then directed into the main combustion chamber,
where it combines with the remaining oxidizer. This setup allows for operations at
high chamber pressures, facilitating relatively compact thrust chamber designs.
However, the added pressure drop in the pre-burner and turbines necessitates heavier
and more intricate pumps, turbines, and piping. Despite these complexities, staged
combustion cycles offer high specific impulses, although they come with increased
engine intricacy and massiveness. Variations of this cycle have been utilized in engines
like SSME and the RD-191 engine. The staged combustion cycle resembles the
expander cycle with the turbine expelling directly into the thrust chamber, while
combustion takes place upstream of the turbine, similar to the gas-generator cycle.
Although offering superior performance potential, this cycle is also more intricate,

challenging to develop, and heavier compared to its counterparts [4] [19].
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2.2.3 Liquid propellant rocket engines propellants

Liquid propellant engines use different configurations according to their cycle, thrust
generations, stages and launch vehicle design. Storage of the oxidizer and fuel is
important as it is stated and various oxidizer-fuel types are used in rocket industry. As

it is seen in Sutton’s book, commonly used liquid oxidizers and liquid fuel information

IS given in Figure 2.9.

Nitric Rocket Unsymmetrical
Liquid Nitrous Nitrogen Acid®  Fuel RP-1, Liquid Liquid ~ Monomethyl- Dimethyl-
Propellant Oxygen oxide Tetroxide  (99% pure) RP-2 Hydrogen Methane hydrazine Hydrazine hydrazine Water
Chemical formula 0, N,0 N,0, HNO, Hydrocarbon para-H, CH, CH, NHNH, N,H,  (CH,), NNH, H,0
CH,
Molecular mass 31.988 44013 92.016 63.016 ~175 2016 16.04 46.072 32.045 60.099 18.02
Melting or freezing 548 182.29 261.95 231.6 225 14.0 90.67 220.7 275.16 216 273.15
point (K)
Boiling point (K) 90.2 184.67 2943 355.7 460-540 20.27 111.7 360.8 387.46 3355 373.15
Heat of vaporization 213 3743 413 480 246" 446 5100 808 1219 543 2253
(kJ/kg) (at 1 atm)
Specific heat 04 0.209 0.374 0.042 0.48+ 2.34° 0.835° 0.700 0.736 0.704 1.008
(kcal/kg-K) (65 K) (290 K) (311 K) (298 K) (20.27K) (298 K) (293K) (298 K) (273.15K)
0.447 0.163 — - 0.735 0.758 0.715
(360 K) (373 K) (393K) (338K) (340 K)
Specific gravity* 1.14 1.235 1.38 1.549 0.58 0.071 0.424 0.8702 1.0037 0.7861 1.002
(90.4 K) (293K) (273.15K) (422K) (204 K) (111L5K)  (298K) (298 K) (298 K) (373.15K)
1.23 1.447 1.476 0.807 0.076 — 0.857 0.952 0.784 1.00
(77.6 K) (322K) (313.15K) (289K) (14 K) (311 K) (350 K) (244 K) (293.4K)
Viscosity 0.87 0.0146 047 1.45 0.75 0.024 0.12 0.775 0.97 0.492 0.284
(centipoises) (53.7K) (gas at 300 K) (293 K) (273K) (289 K) (143 K) (111.6K) (298 K) (298 K) (298 K) (373.15K)
0.19 033 0.21 0.013 0.22 0.40 0913 048 1.000
(904 K) (315K) (366 K) (204 K) (905K) (344K) (330 K) (300 K) (277K)
Vapor pressure 0.0052 5.025 0.1014 0.0027 0.002 0.2026 0.033 0.0066 0.0019 0.0223 0.00689
(MPa) (88.7K) (293 K) (293K) (273.15K) (344K) (23K) (100 K) (298 K) (298 K) (298 K) (312K)
0.2013 0.605 0.023 0.87 0.101 0.638 0.016 0.1093 0.03447
(328 K) (343 K) (422K) (30K) (11L.7K) (428 K) (340K) (339K) (345K)

Figure 2.9: Commonly Used Liquid Propellants Specifications [4]
2.2.3.1 Oxidizers for the liquid propellant rocket engines

There are many important oxidizers is available to select for liquid propellant rocket
engines. Oxidizer selection is related with many considerations such as storage
capabilities, densities, toxicity and hazards for the environment. LOX is the most used
oxidizer for the liquid propellant engine all over the world. Other oxidizers that are
used today are hydrogen peroxide, nitric acid, nitrogen tetroxide and nitrous oxide. All
of the oxidizers have different advantages however reaching the LOX is easy and

generally cheaper [4].

Liquid oxygen (LOX) is a widely utilized oxidizer in rocket propulsion, known for its
bright white-yellow flame when burned with most hydrocarbon fuels. It has been
successfully used with alcohols, kerosene-based jet fuels such as RP-1, gasoline, and
hydrogen, making it a preferred choice for large rocket engines due to its high-
performance potential. In this study, LOX is the main oxidizer for the VINCI rocket
engine and is also employed in SpaceX’s Raptor engines. Although LOX typically

does not ignite spontaneously with organic materials at ambient pressures, confined
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mixtures under pressure can result in combustion or explosions. LOX enhances and
accelerates the combustion of other materials, requiring that all contact surfaces be

clean to ensure safe handling and storage [4].
2.2.3.2 Fuels for the liquid propellant rocket engines

There are also many types of fuels that are available for the liquid propellant rocket
engines. Fuel selection is related with cost, storage capabilities, characteristic velocity,
Isp values and combustion efficiencies. There are many types of liquid fuels are used
today and all the different fuels are used for indicated missions by the companies that
develops liquid propellant engines. Hydrocarbon based fuels are used widely in
aerospace industry. Jet fuel types JP-8 and JP-10 are used in turbojet engines widely.
Kerosene-based hydrocarbons are used widely such as RP-1 and RP-2. Hydrazine,
unsymmetrical dimethylhydrazine, monomethyl hydrazine are the other common fuels
for the liquid propellant rocket engines. Liquid methane usage is popular in today’s
world. Raptor engines use liquid methane for powering the rocket engines and launch
vehicle that is named Starship will be used for future Mars and Moon mission
according to SpaceX company. Liquid methane can be found in huge amount and

relatively low-cost fuel for the liquid propellant rocket engines [4].

LH2 produces a high-performance colorless flame when burned with LOX. It is an
excellent regenerative coolant and is the lightest and coldest fuel, with a specific
gravity of 0.07 and a boiling point around 20 K. This thesis details the VINCI rocket
engine, which also uses LH2 in its design. Another notable rocket engine using LH2
is the RL10, which is modeled in 1D simulations. Due to its low density, LH2 requires
large fuel tanks, leading to increased vehicle volumes. It’s extremely low temperatures
limit material options for pumps, cooling jackets, tanks, and piping due to brittleness.
LH2 is produced from gaseous hydrogen through compression, cooling, and
expansion, and must be converted to its stable form, parahydrogen, during liquefaction
to prevent excessive boil-off. Storing LH2 is a challenge for space companies, despite

its abundant availability [4].
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2.3 VINCI Rocket Engine

2.3.1 VINCI rocket engine background

VINCI is a liquid propellant rocket engine that rocket development progress is
maintained by ESA. VINCI rocket engine is the upper stage rocket engine which is
used for high altitudes. VINCI is an expander cycle rocket engine that oxidizer of the
VINCI is LOX and fuel is LH2 for this liquid propellant engine. The program of the
VINCI development process started in 1998. Overall design of the engine and
integration is conducted by Snecma company. VINCI has many components that
responsibilities of the manufacture and procurement processes are shared between
European companies [20]. The first design of the VINCI engine is called M1 and CAD

model of the first assembled VINCI engine can be seen in Figure 2.10.

pr

ey

Figure 2.10: CAD Model of the Integrated VINCI Engine [20]

The first model of assembled VINCI rocket engine is called M1 and it is seen in Figure
2.11.
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VINCI M1

Figure 2.11: Integrated VINCI Engine [20]

In literature, the last version of the VINCI prototype is called M7 [21]. New VINCI

models will be used for Ariane 6 upper stage according to the latest literature review.

VINCI rocket engine’s flow schematic can be seen in Figure 2.12 [22].
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Figure 2.12: Flow Schematic of VINCI [22]
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The last version of the VINCI rocket engine design can be seen in Figure 2.13 . VINCI
will serve in Ariane 6 upper stage and possible Ariane 5+ program according to

literature information [21].

Figure 2.13: Integrated VINCI Engine [21]

2.3.2 VINCI rocket engine performance specifications

VINCI has two different types for the performance according to related studies. 180
kKN vacuum thrust is the first type and 130 KN vacuum thrust is the second type.

Performance metrics of the VINCI can be seen in Figure 2.14 [23].

SPECIFICATIONS

Cycle Expander
Vacuum thrust (kN) 180 130
Specific impulse (s) 457.2  458.2
Combustion pressure (bar) 60 45
Mixing ratio 6.1 55
Propellants LOX - LH2
Propellant flow rate 3411/ 24.20/
(LOX/LH2, kg/s) 5.59 4.40
Nozzle outlet diameter (m) 1.84
Operating points 180 kN 130 kN

TPH rotation speed (rpm) 90,000 70,000
TPO rotation speed (rpm) 18,000 14,000
Height (m) 3.22

Figure 2.14: VINCI Engine Performance Specifications [23]
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2.3.3 VINCI rocket engine performance tests

The development process of the VINCI comprises years and many tests were
conducted during the years. The main test facilities for the VINCI are combustion
chamber test facility, high altitude test facility, stage test facility, inducer test facility,
bearing test facility, cryogenic spin test rig facility, cold flow test facility, injector test
facility turbopump test facility, turbine test facility and other required test facilities
[24] [25] [26] [27] [28].

VINCI turbopump test facility and fuel turbopump tests were held by test facility in
Vernon, France. For the fuel test pump related turbopump design was used that is seen

in Figure 2.15

Figure 2.15: Fuel Turbopump of VINCI [24]

In turbopump test bench, critical speed observations, various rpm values performance,

chill-down process observations have been satisfied in test bench that is seen

Figure 2.16: Turbopump Test Bench [24]
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In inducer test bench, pump tests are conducted via water. The main consideration of
the tests is observation of pump head rise in inducer and cavitation. It is very important
test case for pump performance and maintenance for turbopump and rocket engine.
Cavitation limits and pump head rise test results show that first prototype is seen
successful for the VINCI [24].

Bearing is an important component for the turbopumps. It maintains rotation during
powered shaft movement and bearing test validations are conducted in all
turbomachinery areas. For VINCI’s bearing test rig, radial and axial loads are applied
between 75,000 to 120,000 rpm values. According the results of the performance,

operation time of the bearing reaches 500 seconds. Bearing test rig configuration can

be seen in Figure 2.17.

Figure 2.17: Bearing Test Rig [24]

Impeller spin tests for the VINCI was conducted via SCHENCK designed spin test rig.

Burst limits in low temperature is measured via test rig that is seen in Figure 2.18 [24]

Figure 2.18: Spin Test Rig [24]
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VINCI rocket engine has altitude test facility for its design and assemblage of the

altitude test facility can be seen in Figure 2.19.

Figure 2.19: Altitude Test Facility [25]

Stage test facility is used for mission Concepts of Operations (CONOPS) for the
related stage. Electrical and fluidic system configuration health is monitored that
thermal behavior of the systems is observed during the firing. Upper stage
configuration of the VINCI is seen in Figure 2.20 [26].

Figure 2.20: Stage Test Facility [26]

Turbine test rig is important test rig to observe generated torque, power and
performance of the turbine. Simulant for the feeding is air in this test rig and similarity
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test conditions are 8 bar and 400-500K according to this test rig [27]. Turbine test rig
of the VINCI can be seen in Figure 2.21.

A PYLLLR!
\

Figure 2.21: Turbine Test Rig [27]
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3. 1D MODELLING OF AEROTHERMAL SYSTEMS

3.1 Simulation Program Library

In the Simcenter Amesim software, there a number of libraries available for different
purposes. There are more than 35 different libraries included and, in this thesis,
specific 6 libraries are used to model both VINCI engine and altitude test facility
design which are signal-control, 1D mechanical, thermal, gas mixture, two-phase flow
and liquid propulsion.

In signal and control library, most of control systems included PID control, transform
function converters, constant signal producers, unit converters, variable signal

producers and other important signal-control components are available as it is seen in
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Figure 3.1: Signal and Control Library in Simcenter Amesim

In 1D mechanical library, there many components that are torque arms, springs, rotary
parts, gearbox, dynamic load elements, dampers and screw-based components. For the
liquid propellant rocket engines, pump and turbine connections are satisfied with
reducer-connector shaft. Rotary power is maintained by the turbine and a rotary
element is used. 1D mechanical library components can be seen in Figure 3.2.

35



i T : 8 8 Gt ol d
N £ g g
. @ Il t =} E £ o
3 H @'”' K é@; g
2 b L e H 8
5 3 £ i di (P
= H s b E@”'l £ E- -l
= = & g g H g
o 1
N

torques.. rotarys... anglese... anqular..

" zerotor.. zeroom.. torquecon omegac.

B‘ILIJlééS

5 g (€Ex)

E g o)

5 i
L ON | £ ()

K A ¢

g E o 8 1 8 2 \':mf o

, . it g

oS ¥ £ %@I\u : A

2 & - i =1 E S g o h

: i P ; u, 2 ;

g 3 g ol g 8 % 5447 ¢
‘I:I £ £ t i ® w@:iu g G o R -l -

] & g8 W= E H E = B gou g %

: o : o TR =] : : : :

= g ﬂj}'é £=9) %‘e gk %I@HJII letﬂh g 4l 3
Emm It - 24 Bl £ b £ gliil | & B

g E g % £ éﬂ’ﬁ"wl = gl g F g

£ ; g da@ ¢ g di S < 0 4 i o L

= 3 T g el 4 £ g |
O3 1 0l #s SRc W S8 e PR

5 g g 8NP € e g Y

Figure 3.2: 1D Mechanical Library in Simcenter Amesim

In thermal library, heat transfer components and bulk sources and available. This
library is used especially for the nozzle cooling system between fuel and nozzle.

Thermal library components can be seen in Figure 3.3
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Figure 3.3: Thermal Library in Simcenter Amesim

th_pil_c...

g8

Gas mixture library is the most used library in thesis study. Gas definition of
combustion chamber products, convergent-divergent nozzles, pipes, ejectors, node
connectors, gas mixture chamber and orifice components are used in created model.

Components of the library can be seen in Figure 3.4.
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Figure 3.4: Gas Mixture Library in Simcenter Amesim
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Two-phase flow library is used for LOX and LH2 feeding to the liquid propellant
rocket engine. During the process, phase changes occur and this library-based defined

sources are used. Library components resembles gas mixture library and can be seen
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Figure 3.5: Two-Phase Flow Library in Simcenter Amesim

Liquid propulsion library is the most important library to model liquid propellant
rocket engine. Components are limited in this library and combustion chamber, pumps,

turbine and nozzle are modelled by this library that all components are seen in Figure

3.6
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O {0 ) & =
lp_tab_t... lp_com... Ip_com... lp_com... Ip_pump Iptf_pump

% =%

Ip_turbine Ip_gm_t.. |y nozzle dynami... dynami...

Figure 3.6: Liquid Propulsion Library in Simcenter Amesim

3.2 Simulation Components

Simulation program components are variable and each of the components are used for
different purposes in simulation model of the VINCI engine and altitude test facility

design. Simplified version of the model components can be seen in Table 3.1.
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Table 3.1 : Component List and Specifications

Component ] Background
Representation ) Purpose of Usage
Name Information
Defining boundary
Components gives conditions for the
Constant —
) (K} constant value to temperature,
Signal - )
related systems pressure and exit
products
Unit of physical ) _
] o Unit conversion for
Unit specification
. the boundary
Converter converting 4
conditions
component
From one
_ _ Outlet generated
Dynamic input/output to
_ ) products for the
Multiplexer separate input/output
outlet
component
) ) Component gives Combustion
Piecewise ) o
) _ input to the control chamber ignition
linear signal (A . o L
system with specific ~ start and timing is
source ) .
signal source specified
Generic o
Source for the To simplify
modulated o .
feeding in specific turbopump-based
pressure 3@ _ )
_ pressure, density and  feeding system for
and density
temperature LOX/LH2 source
source
Restriction for the To determine and
- fluid system to control mass
Orifice =

control pressure or

mass flowrate

flowrates of the
LOX/LH2
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Table 3.1 (continued) : Component List and Specifications

] Background Purpose of
Component Name Representation )
Information Usage
Combustion VINCTI’s
chamber LOX/LH2 based
AP
Combustion Chamber 1> - componentto  fuel and oxidizer
o s
e start ignition for burning is
engine satisfied
Acceleration of VINCI’s main
. system and thrust control
Nozzle U s _
control thrust for nozzle in the
the engines system model
Closing system Combustion
Zero flow source % input/output chamber unused
signal connection signal ports
Closing system Combustion
Zero heat flow source 8 input/output chamber unused

Gas mixture
modulated pressure

source

Pipe

Progressive

expansion/contraction

I

¥,

signal connection

Source for the
feeding in
specific pressure,
temperature and

fractions

Connection for
the fluid system

components

Velocity control
of the fluid

systems

signal ports

Outlet condition
for the

environment

Transferring

exhaust gas to the

environment

Reducing nozzle
outlet velocity in

the pipelines.
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Table 3.1 (continued) : Component List and Specifications

_ Background Purpose of
Component Name Representation )
Information Usage
Connecting
related
Component’s

components of
connectors and

Gas mixture chamber F the altitude test
source for the N
facility and
systems _
creating vacuum
chamber
Giving steam
Mass flowrate
mass flow rate
Mass flow rate and A and temperature
é ) and temperature
temperature source input for the
of steam to the
systems
system
Vacuum creation
Ejecting system for the mixture
Ejector pump me) via driving flow  chamber which is

from driven flow  vacuum chamber

in this study

3.2.1 Mathematical background of related components

For the orifice related definitions in formulas are defined in Simcenter Amesim as it
follows: Cq maximum flow coefficient. Default set to 0.7 and is generally smaller than
1.0. { minimum singular pressure drop factor. Cv maximum flow capacity coefficient.
Cv is numerically equal to the number of US gallons of water at 60 [degF] that flows
through the element in one minute when the pressure differential across the element is
1 [psi]. Kv maximum flow capacity coefficient. Kv is numerically equal to the number
of cubic meters of water at 60 [degF] that flows through the element in one hour when
the pressure differential across the element is 1 [bar]. The following relations of orifice
can be seen in Table 3.2. [29].
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Table 3.2 : Orifice Mathematical Background

Component Name Mathematical Background

Orifice L1 K, = 0.865-C,

c?
A4.C,=1.60982.10°.C,

For the combustion chamber chemical reaction is defined in it for the reactions
between fuel and oxidizer. In this thesis, LOX and LH2 based chemical reaction is
solved in background. This component’s equation definitions as it follows. U is the
internal energy, m [j] is the mass flow rate in port, h [j] is the specific enthalpy in
port, §Wis the work in unit time to the volume, AH(T) is heat of reaction, Ai general
chemical species, ni’ is the mole of reactants, n;” is the mole of products, §Q is the heat
exchange to the volume that is related with latent heat of vaporization, heat of
combustion and heat exchange with the walls. Mass conservation of the combustion
chamber is also satisfied as it follows. 1, and 1, are inlet-out mass flowrates, x;,
and x,,; are inlet-out mass fractions, M; is the molar mass for the species, vj is the
stoichiometric coefficient and R is the rate of the global reactions. Mathematical
relations of the combustion chamber are seen in Table 3.3 [29].

Table 3.3 : Combustion Chamber Mathematical Background

Component Name Mathematical Background

Yonlj - klj +0W +46Q dv-dm-h—P-V)
; ) dt dt

de) Z ! ;'"?'_-;* ( ‘!33',-3'“-..!‘{:2‘. hj,R{:f}
.?.

N N
Combustion chamber Dol A Ynll A,
i=1 i=1

N N
AH(T) Z n!. | AHg; Z n,. | AHg;
i=1 i=1

dm

dt

Z mj Tout,j- Mgt Lin, j- M, :l-{r '-r.f"_-;'- R)
F
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Nozzle mathematical background is based on isentropic equations and flow separation
criteria like Stark Criteria, Summerfield Criteria and Schmucker Criteria. These
criteria equation definitions as it follows. Psep is the static pressure at flow separation
point, Pawm is the atmospheric pressure and Msep is the separation point Mach number.

Critera mathematical background can be seen in Table 3.4 [29].

Table 3.4 : Separation Criteria Mathematical Background

Criteria Mathematical Background

P‘.-{:p m
Pf.'.e‘.-m 3-—1-{9-{:;?

Stark Criteria

P‘-‘ ep

atmm

Summerfield Criteria 0.35...0.4

P‘u‘ ep

Schmucker Criteria
R.’.t-m

(1. _;_\;.:_\j,_.“tjﬁ_{:p 1) 0,64

These criteria approximations are made according to the separation position Mach
number and static pressure at separation point with iterative calculations. Mach
number equation definitions as it follows. Po is the static pressure at extremity of the
nozzle, To is the static temperature at extremity of the nozzle, R is the gas constant per
unit weight, A is the cross-sectional area of the point of interest, M: is the Mach
number of point of interest, y is the specific heat ratio, At is the cross-sectional area of
the throat, Mt is the Mach number of the throat. Iterative calculation of the separation
point Mach number is used to control separation criteria and related mathematical
background is seen in Table 3.5 [29].

Table 3.5 : Separation Point Mach Number Mathematical Background

Equations Mathematical Background
Msep
iteration P Y1 e vl T
L4 M_.r,(1 - -’_Mﬁ) o " ApD :(1 - -’_M‘E) o
full VRL, VI T VRL, TV e T

equation
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Table 3.5 (continued) : Separation Point Mach Number Mathematical Background

Equations Mathematical Background
M
. My My Ar
iteration — g =0
=1 + 9\ 30D =1 2 o\ 7 A
simplified  (1+ 2 MP) 7 (14 A ) 0

equation

Separation point pressure equation definitions as it follows. Tsep is the separation point
temperature, temp2 is the hot gases temperature at the nozzle inlet, vsep is the velocity
at separation point, psep iS the separation point density, Asep is the cross-sectional area
of separation point, dml is the mass flowrate, Cq is the flow coefficient. Iterative
calculation of the separation point pressure is used to control separation criteria and

related mathematical background is seen in Table 3.6 [29].

Table 3.6 : Separation Point Pressure Mathematical Background

Equations Mathematical Background
temp?2
T‘.-e:p — - ,\I_,_lj I
1 =+ 2 ‘?l'j-.‘.'e:p
Psep
iteration Usep = Mep - vy R+ T
equations dml
.I"J}.‘fe:lt:' —

; 1 .
fl-ﬁ.-.g:p : (g : '3'.‘.1:;;

P“'fi” - Jﬂ.‘;e:}? R T‘.-e:j:

According to the nozzle design formulas for thrust and performance Sutton’s book
referenced formulas are same as Simcenter Amesim [4] [29]. For the pipes, general
pipe friction loss formulas and general pipe flow equations are used for determining
fluid transfer via pipelines [29]. For the convergent and divergent
(expansion/contraction) elements classical Bernoulli approximations are used to

control fluid velocities along the lines that is seen in equation 3.1 [29] [30] .
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P+ %sz + pgh = constant along streamline (3.2)

For the ejector pumps related diagram of the ejector pump representation is used as it

Is seen in Figure 3.7.

Driving flow iPort 2

nozzle

— Diffuser Port 1

Suction
flow /

Mixing
chamber

Figure 3.7: Ejector Pump Diagram in Simcenter Amesim [29]

Ejectors are used to generate vacuum along the vacuum chamber of engines. This
component’s equation definitions as it follows. P is the ratio in suction side, w is the
pressure ratio in driving side, N is the pressure ratio, p is the mass flowrate ratio [29].

The related formulas of the ejector pump are seen in Table 3.7.

Table 3.7 : Ejector Pump Mathematical Background

Component Name Mathematical Background
P — P—E' T — p_i
N "

Ejector pump
N — M~ Ps (TFJ??-S'
iy - — Ju f—
P dmy

3.3 Assumptions

For the inlet boundary conditions for the LOX and LH2, pressurized LOX and LH2
values are used. LH2 temperature is given high for this boundary condition that some

of the portion of the LH2 is used for surface cooling of nozzle. Hydrogen is normally
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stored in 20-21K according to Figure 2.9. Inlet conditions of the system is seen in
Table 3.8.

Table 3.8 : Inlet Conditions

Element Pressure (barA) Temperature (K)
Liquid Oxygen 65 100
Liquid Hydrogen 190 200

For the outlet condition of the model, normal atmosphere conditions are used and it

can be seen in Table 3.9.

Table 3.9 : Outlet Conditions

Element Pressure (barA) Temperature (K)

Dry Air 1 293
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4.1D MODELLING OF THE ROCKET ENGINE AND ALTITUDE TEST
FACILITY

4.1 1D Models for Rocket Engines

1D modelling of the rocket engines are conducted via well-known programs such as
EcosimPro and Simcenter Amesim. EcosimPro and Simcenter Amesim programs are

widely used by rocket companies and agencies.

EcosimPro is a program that is supported by ESA and it has various libraries in it.
Included important libraries for the rocket propulsion systems are Space Propulsion
Simulation Toolkit (ESPSS), Dynamic Fluid Networks Simulation Toolkit
(FLUIDAPRO), Liquid Propellant Rocket Engine Simulation (LPRES), Cryogenic
System Simulation Toolkit (CRYOLIB), Control Library, Mechanic Library [31].

Simcenter Amesim is a program that is created by the Siemens company and it has a
number of libraries in it. The main difference between Simcenter Amesim and
EcosimPro is Simcenter Amesim program comprises hydraulic, pneumatic, gas
mixtures, different types aerial vehicle design and various component designs of its
structure. Included important libraries for the rocket propulsion systems are
Pneumatic, Signal and Control, 1D Mechanical, Gas Mixture, Liquid Propulsion, Two-

Phase Flow and Pneumatic Component Design libraries [32].

4.1.1 EcosimPro based 1D modelling of rocket engine

In literature, the common 1D models of the EcosimPro based rocket engines are RL10
and HM7. HM7 rocket engine is gas generator cycle liquid propellant rocket engine
and it was used for Ariane launcher’s upper stage. Related studies of the HM7
development are correlated via individual component designs then combination of the
individual components is satisfied. The main components according to the related
study is turbopump, thrust chamber and piping system between components. ESPSS
library is used for designing all of the components of HM7 rocket engine. It is very

important component that feeding lines of the oxidizer and fuel mass flowrates,
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pressure and temperature values affect engine performance considerably. The
components of the turbopump in the model are boundary conditions, pipes, pumps,
working fluids, nozzle, passage stages, valves, measurement sensors, controller units,
gas generator, gearbox and thermal nodes. EcosimPro’s ESPSS library includes a
number of components that are related with space propulsion system modelling and
components of ESPSS library. Components’ brief descriptions and usage of the system

can be seen in Table 4.1.

Table 4.1 : ESPSS Components and Usage

Component ] Background
Representation ] Purpose of Usage
Name Information
B Components gives Defining boundary
: :{b"‘ constant boundary ~ conditions for the
VoIPT_TMD -
VolBT TMD conditions to related ~ temperature and
systems pressure
_ | : _ _ Defining working
Working : - Fluid type selection ) )
_ 1 ) fluid type in related
Fluid e in related systems o
WorkingFluid fluid lines
Pipe with insulated Fluid line creation
Pipe type according to for fuel and
material selection oxidizers
Components ] )
o Connecting fluid
connects resistive ] o
. lines and injector
_ ._&_. and capacitive ended o
Junction - . definition for
. components. Orifice o
Junction o oxidizers and fuel
definition can be _
lines
made
Components give Controlling the
[}
= information about valve and other
SensorJun R

Jun

" SensorJun

physical values like

pressure to control

components

according to signal
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Table 4.1 (continued) : ESPSS Components and Usage

Background

Information

Purpose of Usage

Component ]
Representation
Name
>l
Valve - gyt
iVahe
Volume
Volume2
Nozzle é‘
Nozzle
e
Jun_TMD : .. .
Jun_TMD
Pump LD

Pump

Turbine_gen ;%I:

Turbine_gen

Fluid line control
valves for the

processes

Fluid line
connecting with a

volume definition

Rocket or other
thrust generation

system’s nozzle

Mass flowrate
condition
component to force

related fluid line

Pump definition for

pressurize fluid lines

Turbine definition to
gain work in related
fluid systems with

turbine map values

Controlling the
pressure and mass
flowrate of the

oxidizer and fuel

Connection between
oxidizer, fuel and

burned gasses

Creating thrust for
the propulsion

system

Giving specific mass
flowrate for the

gases for engine

Turbopump’s
pumping modelling
for the oxidizer and

fuel lines

Turbine and turbine
stage definition of
the gas generator

cycle engine

49



Table 4.1 (continued) : ESPSS Components and Usage

) Background Purpose of
Component Name Representation _
Information Usage
1D non-
o Gas generator
adiabatic o
Equ ] definition of
Preburner_eq combustion for
the rocket
Prefumer_sq related space )
engine
system

Combustion Controlling of

chamber with the thrust for

injectors, fluid the rocket
CombustChamberNozzle eq )
volume and engine’s
CombsChambadiozz % non-adiabatic burned
nozzle products

Getting heat

from Heat absorption
CoolingJacket_simple combustion and hydrogen
T chamber and heating
nozzle

Nozzle of the

Defined nozzle
related
Nozzle Ex ) of the rocket
propulsion

Nozzle_Ex engine
system

Related LH2 and LOX based gas generator cycle HM7 rocket engine’s components

can be created via using in Table 4.1. Turbopump model of the HM?7 is seen in Figure
4.1 [33].
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Figure 4.1: Turbopump Representation with ESPSS Library [33]

Other main component model is thrust chamber that includes combustion chamber. It
is essential for generating thrust and performance of the rocket engine is affected
hugely. Thrust chamber design and related components in model are boundary
conditions, pipes, controller embedded tables, connector nodes, valves, thermal nodes,
nozzle, combustion chamber and nozzle cooling skirt. Thrust chamber model of the
HM7 engine is seen in Figure 4.2 [33].

Table!D_M_GH2

s

5 0
Hound mass few Boundry_LH2_tank

e
R
#0_CT H

Hozzle_Ext_HMTB

Figure 4.2: Thrust Chamber Representation with ESPSS Library [33]

The combination of the thrust chamber and turbopump is maintained by the feeding
pipeline between them. In EcosimPro software, pipes can be designed as insulated
pipes and thermal barrier adding port. Also in real model, there are cryogenic filters
for the fuels and oxidizers. Complete model of the HM7 engine is seen in Figure 4.3
[33].
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Figure 4.3: Thrust Chamber Representation with ESPSS Library [33]

Another 1D simulation and model is created for the RL10A-3-3A liquid propellant
rocket engine. RL10A-3-3A is an expander cycle rocket engine and all design
datasheets are available to model corrections for the 1D simulation programs. Details
of the RL10A-3-3A are less than HM7 schematics that simplifications are made by
assumptions. As it is seen in boundary conditions, working fluids, valves, pipelines,
pumps, orifices, turbine and combustion chamber were placed in EcosimPro model

schematic as it is seen in Figure 4.4 [33]
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Figure 4.4: RL10A-3-3A Rocket Engine with ESPSS Library [33]

4.1.2 Simcenter Amesim based 1D modelling of rocket engine

In literature, RL10A-3-3A, Korean based liquid rocket engines and Chinese based
liquid rocket engine studies can be seen. RL10A-3-3A is an expander cycle liquid
rocket engine and its 1D design has also conducted in Simcenter Amesim program. As
it is stated before, datasheets and performance values are shared in public for
modelling and corrections of related programs. RL10A-3-3A simulation model is fed
by the test results of the liquid rocket engine and this model is defined as digital twin.
Digital twin brings about several benefits for design methodologies including rocket
model performance without tests. Simcenter Amesim based model of the RL10A-3-
3A can be seen in Figure 4.5. In this model boundary conditions, valves, state

controllers, turbomachinery rotating elements, pumps, injectors, orifices, turbine,
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connector nodes, combustion chamber, nozzle, nozzle cooling skirt and heat absorbing
elements are used. Nozzle cooling skirt is a super component which is a modelled

component by the library elements to demonstrate heat transfer between fuel and
nozzle [34].

Fluid properties Liquid Hydrogen Liquid Oxydizer
Tank Tank

Material properties

Atmosphere conditions l |

=
£, = \ LH2 pump
R i nlet ¢

LH2 Pump stages
LOX Pump D inlel

Amosphere condition g ¢y

* Turbomachinery [
inertal mass 1 ‘
Gear box =59 LOX pump
| discharge

! Turbine
Atmosphere condition

o
=
=
O »
— [
| Turbine Discharge
I | to MFSOV
X =
Fuel pump i =L
Injector ‘ =)
Discharge Duct *
7 Plennum ocva 1)
¥

FSOV

Regenerative circuit

Figure 4.5: RL10A-3-3A Rocket Engine with Simcenter Amesim [34]

Another example of engine is orbital maneuvering engine model which is developed
by Chinese academicians. Orbital maneuvering engines are used for reducing costs of
the upper stage rocket engines costs and attitude determination around the orbit is
controlled by high thruster rocket engine. Simcenter Amesim model of the engine
resembles gas generator cycle but there is no certain statement that gas generator cycle

is used. Rocket engine Simcenter Amesim model is seen in Figure 4.6 [35].
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Figure 4.6: Orbital Maneuvering Engine with Simcenter Amesim [35]

Simcenter Amesim based another example is Korean academicians’ study for the

liquid propellant engine. In this study, start-up effects on turbopump based feeding

system is modelled for the LOX/RP-1 liquid propellant rocket engine. Simplifications

are applied to the model and modelled 1D simulation setup is seen in Figure 4.7 [36].
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Figure 4.7: Korean Engine Model with Simcenter Amesim [36]
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4.2 1D Modelling of the VINCI Engine

Simcenter Amesim software was used to create model of the expander cycle VINCI
liquid propellant rocket engine. In the detailed model of the VINCI, turbopump
modelling study was conducted. Turbopump elements which are pump and turbine
maps are not shared by manufacturers according to the literature. Also valve
characteristics and injector designs are not shared by the manufacturer of VINCI.
Detailed model of the VINCI engine was created and simulated without validated
values and simplification study was conducted to achieve feeding mass flowrate in
precise pressure with orifice design. Verification and validation of the engine values
have been checked with Figure 2.14. In this model, pipes are not considered due to

verified pipe geometry information is not shared by the manufacturer.

The detailed version of the VINCI engine core study can be seen in Figure 4.8.

@i i

7777777

oo

i
Do

Figure 4.8: Detailed VINCI Model with Simcenter Amesim

Simplification of the VINCI Engine model was created and created model of the
VINCI engine can be seen in Figure 4.9. Related components of the liquid propellant
engine, assumptions, used libraries will be stated in related subjects. Energy budget of
rocket engine is not taken into account due to nozzle skirt heat absorption is not shared
by the manufacturer. This model could be created via Chemical Equilibrium with
Applications (CEA) software but combining the components of the altitude test facility

system connection in Simcenter Amesim is not validated case in this study.
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Figure 4.9: Simplified VINCI Model with Simcenter Amesim

Mass flow rates of the oxidizer and fuel are controlled using orifice designs before the
combustion chamber. For the detailed VINCI model, mass flow rates of the oxidizer
and fuel are managed through the relationship between pumps and control valves. The
simplified version of the VINCI model maintains the same structure but without pumps
and control valves for a steady-state system. The inlet boundary conditions for the
oxidizer and fuel are shown in Table 3.8. These boundary conditions are given as
pressure boundary conditions to simulate the pump head increase, where the pump
outlet pressure is applied as the system inlet pressure. Orifices in the simplified design
choke the system flow to achieve the required mass flow rate for the VINCI's oxidizer
and fuel needs. Another choking condition is met by the nozzle of the VINCI rocket
engine to generate thrust during flight. The outlet boundary condition of the system is
set to standard day conditions, as seen in Table 3.9, which is valid for the altitude test
system outlet during altitude tests. For the VINCI rocket engine model, vacuum
condition thrust was observed for this simplified system according to the altitude test
facility design outputs.

4.3 1D Modelling of the Altitude Test Facility

Altitude test facility design for the VINCI engine was created with Simcenter Amesim
for modelled VINCI engine configuration. This altitude test facility system can also
be used for other rocket engines to observe performance. In detailed version of the
altitude test facility, steam ejector manifold usage studies were conducted. Steam
ejectors are used to create vacuum condition for the vacuum chamber around engines.
However big amount of ejector usage and node connection corrections detailed version

of the altitude test facility was simplified. In VINCI’s real altitude test facility, there
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is also condenser component to regenerate water in system but in this design,
methodology uses environment outlet that resembles to the NASA’s altitude test

facilities.

As it is stated before, simplification of the altitude test facility model was conducted
and created model of the altitude test facility can be seen in Figure 4.10. Related
components of the altitude test facility, assumptions, used libraries will be stated in

related subjects.
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Figure 4.10: Simplified Altitude Test Facility model with Simcenter Amesim
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5. MODELLING & RESULTS

5.1 1D Simulation Results of VINCI Engine

Oxidizer mass flowrate control has been controlled via orifice component. The inlet
conditions of orifice have been given as is it seen in Table 3.8. Oxidizer orifice design

specifications can be seen in Table 5.1.

Table 5.1 : Oxidizer Orifice Specifications

Title Value
Pressure drop definition method Cv
Singular pressure drop gain 0.5
Maximum flow coefficient Cv 2 -> 1 42
Maximum flow coefficient Cv 1 -> 2 0.8
Critical flow number 1000

1D simulation results of oxidizer mass flowrate has been found as 34.31 kg/s according

to simulation result. Following performance figure can be seen in Figure 5.1.
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Figure 5.1: Oxidizer Mass Flowrate in kg/s

For the VINCI engine design specification, LOX mass flowrate is given as 34.11 kg/s
according to the manufacturer [23]. Following error of the LOX mass flowrate is found
as %0.59 for the simulation.

Oxidizer mass flowrate control has been controlled via orifice component. The inlet
conditions of orifice have been given as is it seen in Table 3.8. Oxidizer orifice design

specifications can be seen in Table 5.2.

Table 5.2 : Fuel Orifice Specifications

Title Value
Pressure drop definition method Cv
Singular pressure drop gain 1
Maximum flow coefficient Cv 2 -> 1 14.2
Maximum flow coefficient Cv 1 -> 2 0.8
Critical flow number 1000

1D simulation results of fuel mass flowrate has been found as 5.5 kg/s according to

simulation result. Following performance figure can be seen in Figure 5.2.
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Figure 5.2: Fuel Mass Flowrate in kg/s

For the VINCI engine design specification, LH2 mass flowrate is given as 5.59 kg/s
according to the manufacturer [23]. Following error of the LH2 mass flowrate is found

as %1.61 for the simulation.

Volume of the combustion chamber has been accepted as 20L and ignition start was
set to 0.3 with piecewise linear signal. 1D simulation results of combustion chamber
pressure has been found as 59.78 barA according to simulation result. Following

performance figure can be seen in Figure 5.3.
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Figure 5.3: Combustion Chamber Pressure in barA
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For the VINCI engine design specification, combustion chamber pressure is given as
60 barA according to the manufacturer [23]. Following error of the combustion

chamber is found as %0.37 for the simulation.

Nozzle flow coefficient has been accepted as 0.3 and throat radius has been accepted
as 0.13 meters for this simulation. 1D simulation results of engine thrust has been
found as 178.01 kN according to simulation result. Following performance figure can

be seen in Figure 5.4.
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Figure 5.4: Engine Thrust in kKN

For the VINCI engine design specification, engine thrust is given as 180 kN according
to the manufacturer [23]. Following error of the engine thrust is found as %1.1 for the

simulation.

1D simulation results of engine specific impulse has been found as 456.17 seconds
according to simulation result. Following performance figure can be seen in Figure
5.5.
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Figure 5.5: Engine Specific Impulse in's

For the VINCI engine design specification, engine specific impulse is given as 457.2
seconds according to the manufacturer [23]. Following error of the engine specific
impulse is found as %0.22 for the simulation.

5.2 1D Simulation Results of VINCI Engine in High Altitude Test System

1D simulation results of engine thrust has been found as 178.15 kN according to
simulation result. For the VINCI engine design specification, engine thrust is given as
180 kN according to the manufacturer [23]. Following error of the engine thrust is

found as %1.03 for the simulation.

1D simulation results of engine specific impulse has been found as 456.3 seconds
according to simulation result. For the VINCI engine design specification, engine
specific impulse is given as 457.2 seconds according to the manufacturer. Following

error of the engine specific impulse is found as %0.2 for the simulation.

1D simulation results of Altitude Test Facility vacuum pressure has been found as
42.93 mbarA according to simulation result. This value can be arranged via changing
water mass flowrate and satisfaction condition accepted as below 50 mbarA.

Following performance figure can be seen in Figure 5.6.
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Figure 5.6: Created VVacuum Pressure in Vacuum Chamber in mbarA

For the VINCI engine experimental results below the 50 mbarA can be accepted as
vacuum condition [12]. In simulation setup vacuum pressure has been find as 42.93
mbarA that improvement of the simulation of vacuum condition is %14.14 for this

simulation.

For the stages of the steam ejectors water supply has been satisfied to the driving flow
of the ejectors and simulation has been conducted. In altitude test facilities, there are
two main stages for the ejectors and two main steam ejectors have been added to
simulate steam mass flowrates. For the first stages of steam ejectors, 110 kg/s steam
supplied as it is stated in literature and simulated mass flowrate figure can be seen in
Figure 5.7 [12].
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Figure 5.7: First stage steam ejector mass flowrate in kg/s

For the second stages of steam ejectors, 141 kg/s steam supplied and simulated mass
flowrate figure can be seen in Figure 5.8. In related literature 118 kg/s is found and
error band for 2" stage mass flowrate is %19.5 [12]. Error band is relatively high
because created vacuum value is better than literature study. Lower steam mass
flowrate could satisfy the literature study steam mass flowrate and result in closer
value for the literature. In this study, better vacuum condition desired according to

literature.
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Figure 5.8: Second stage steam ejector mass flowrate in kg/s
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6. CONCLUSIONS

In this thesis, high altitude test facility design and 1D liquid propellant rocket engine
design was stated. Launch vehicle characteristics depend on generally rocket engine
performance and test systems for sub components of rocket engine are in vital role.
For the development process of the liquid propellant engines, NASA constructed the
first altitude test facility and ESA constructed modified an altitude test facility for
various rocket engines such as HM7 and VINCI. VINCI performance tests in altitude

test facility were conducted in Germany and nowadays France’s altitude test facility.

Results of the 1D simulated VINCI engine and performance in the 1D altitude test
facility results compared with the experimental results and performance results
according the related literature. Thrust performance, fuel mass flowrate performance,
oxidizer mass flowrate performance, combustion chamber performance, vacuum
chamber performance and specific impulse performance of the simulation results are
lower than %5 error band. 2" stage ejector mass flowrate to create vacuum in desired
error was found as %19.5 that system attitude is 3D can be different according to 1D
29 gjector stage. Simulated results are found to be in acceptable range that target error
band was accepted as %10 for thrust, mass flowrates, specific impulse, vacuum and
combustion chamber pressures. Modifications of the system components can be made

to increase performance 2" stage ejector of the system according to the results.

In the future works, turbopump model of the engine can be created in detail with
performance maps of pumps and turbine. 3D modelling and 3D CFD models can be
created to examine all behavior of the components in detail. Construction of the
altitude test facility and thermal considerations of the liquid propellant rocket engines
can be added for the future works. Finally, digital twin model of the exact liquid
propellant rocket engine model and 1D simulation models can be worked

synchronously to increase real rocket engine performance.
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