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AUTOLAND WITH MODEL PREDICTIVE CONTROL

SUMMARY

In flight control systems, the landing maneuver is one of the most critical time periods
for the aircraft, and it is of great importance to both respond to the disruptors and
ensure durability in this time period when the disruptor activity is high. Within the
scope of this thesis, 4 different controller type automatic landing systems were
designed for a twin-engine passenger aircraft, this landing system provides fully
automatic landing in both longitudinal and lateral planes. Within the scope of the
thesis, different control architectures in the literature for the automatic landing
autopilot were examined. Within the scope of the thesis, the change of system inputs
and system outputs as a result of linearization under different conditions has been
examined. The consistency of the nonlinear model of the aircraft with the linear model
was compared, and this comparison was made by examining the behavior of the system
variables in response to the binary commands given to the control surfaces. Within the
scope of the thesis, what the sub-phases of the automatic landing autopilot are and
according to which criteria and conditions these sub-phases are separated from each
other are examined. The classical control architectures in the flight control system
(stability-enhancing system and control-enhancing system) are discussed, and for what
purposes and with what standards these architectures are designed. In fixed-wing
aircraft control systems, the longitudinal and lateral states of the system are separable.
In the scope of the thesis, the automatic landing architectures in the literature for these
separated states are examined. The controllers designed for the descent system in the
thesis are: PID, Linear Quadratic Integral, Model Predictive Control and Algebraic
Model Predictive Control architectures. One of these four different control
architectures (PID) is in a single-input-single-output control structure, while the other
three control architectures (LQI, MPC, AMPC) are in a multi-input-multi-output

control structure.
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MODEL ONGORULU KONTROL iLE OTOMATIK INi$

OZET

Ugus kontrol sistemlerinde inis manevrasi hava araci i¢in en kritik zaman
dilimlerindendir, bozucu etkinliginin yiiksek oldugu bu zaman diliminde hem
bozuculara cevap verebilmek hem de dayanikliligi saglamak biiyik 6nem arz
etmektedir. Bu tez calismasi kapsaminda ¢ift motorlu bir yolcu ugagi icin 4 farklh
kontrolcti tipinde otomatik inis sistemi tasarlanmistir, bu inis sistemi hem boylamsal
hem de yanal diizlemde tam otomatik inisi saglamaktadir. Tez kapsaminda 6ncelikli
olarak otomatik inis otopilotu i¢in literatiirde yer alan farkli kontrol mimarileri
incelenmistir. Hava aracinin modellenmesinde; havacilikta kullanilan eksen takimlari
ve bunlar arasindaki doniisiim, kuvvet ve moment denklemleri, eyleyici ve sensor
modelleri yer almaktadir. Sisteme etkiyen riizgar, riizgar kesme ve ani riizgar gibi
bozucularin modellemesi de anlatilmistir. Hava araci kontrol sistemlerinde kontrol
mimarisi direkt olarak dogrusal olmayan model iizerine kurulabilecek olsa da
literatiirde ¢esitli kosullarda dogrusal model elde edilip bu model iizerinden kontrol
mimarisi insa edilmektedir, bu nedenle tez icerisinde denge noktasini bulma ve denege
noktasi etrafinda dogrusallastirma da yer almaktadir. Tez kapsaminda farkli kosullarda
dogrusallagtirma sonucunda sistem giriglerinin ve sistem ¢ikislarinin degisimi
incelenmigtir. Hava aracinin dogrusal olmayan modelinin, dogrusal modeli ile
tutarlili@r karsilastirilmis olup bu karsilastirma kontrol yiizeylerine verilen ikili
komutlara karsilik sistem degiskenlerinin davranisi incelenerek yapilmigtir. Otomatik
inis otopilotu tasariminda uluslararasi standartlar ve kabuller mevcuttur, bu standartlar
giivenli inisin tanimini yaparken kabuller inisi alt fazlara gélmektedir ve bu alt fazlar
tiim sistemlerde ayni1 sekilde yer almaktadir. Tez kapsaminda otomatik inis otopilotuna
ait alt fazlarin neler oldugu ve bu alt fazlarin hangi krtilerlere ve kosullara gore
birbirinden ayrildig1 incelenmistir. Ugus kontrol sisteminde yer alan klasik kontrol
mimarileri ele almip(kararlilik arttirict sistem ve kontrol arttirict sistem) bu
mimarilerin hangi amaglarla ve ne standartlarla tasarlandig1 ele alinmistir. Havacilikta
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kullanilan ugus kontrol sistemlerinin incelenmesinde pilot otoritesinin oldugu kontrol
mimarilerinden baslanip tam otonom mimarilere kadar ve burada yer alan i¢ ice
dongiilerin hangi akis ile tasarlandig1 ele alinmigtir. Sabit kanatli hava araci kontrol
sistemlerinde sisteme ait boylamsal ve yanal durumlar ayirilabilir haldedir, tez
kapsaminda da bu ayirilmis durumlar i¢in literatiirde yer alan otomatik inis mimarileri
incelenmistir. Ugus kontroliinde boylamsal ve yanal modlarin kutuplar {izerinden
sistem Karakteristigine dair incelemeler yapilmaktadir, tez kapsaminda ele alinan hava
aract icin de boylamsal ve yanal modlar1 kutup, dogal frekans ve soniim oram
incelenmistir; farkli kosullarda yapilan dogrusallastirma sonucunda sistem girislerinin
sistem dogal frekanslarinin ve sOniim oranlarinin degisimi incelenmistir. Tez
kapsaminda inis sistemi i¢in tasarlanan kontroldrler: PID, Lineer Kuadratik Integral,
Model Ongériilii Kontrol ve Cebirsel Model Ongériilii Kontrol mimarileridir. Bu dort
farkli kontrol mimarisinden birisi(PID) tek giris-tek ¢ikis kontrol yapisindayken diger
tic kontrol mimarisi(LQI, MPC, AMPC) ¢ok giris-¢ok ¢ikis kontrol yapisindadir. PID
kontroloriin tsarlanmasinin amaci ulasilabilir ve havacilikta sik kullanilan bir kontrol
yapist olmasi ve otomatik inis problemine uygulanabilirligini incelemektir. Lineer
Kuadratik Integral kontrol mimarisinin uygulanmasinin amaci ise yine havacilikta
kullanilan kararhilik arttirici  sistem(sistem durumlarinin stabil hale gelip
soniimlenmesini saglayan mimari) ve kontrol arttirici sistem(sistem durumlarindan
istenilenleri pilot tarafindan veya dis dongii kontrolorii tarafindan verilecek referans
degerlerin takip edilmesini saglayan mimari) yapilari ile benzerlik kurulabilecek bir
yapida(sistem durumlari i¢in durum geribesleme ile kararli hale getirirken secilen
geribesleme sinyallerini referans takibi yapilacak sekilde hatanin integralden
gegirilerek kontrol komutunun olusturuldugu bir yapidir) olmasidir. Ugus kontrolii
kalitesini test etmek i¢in Onerilen kontrolor yapilari hem farkl biiylikliikte ve yonde
sabit riizgarlar, rlizgar kesme durumlari, ani riizgar durumlar1 kontrol yiizeyi hatalari
ile bozucu etkisinde birakilmistir. Tez kapsaminda tasarlanan inis otopilotu klasik inis
mimarilerinde oldugu gibi siiziilme, palye ve teker koyma alt fazlarindan olusmakta
olup kontrol sisteminin sinanacagi bozucu durumlari hem inigin baginda hem alt fazlar
arasindaki gecis aninda verilerek kontrolorlerin basarimlari incelenmistir. Ucus
kontrolorleri tasarlanirken kontrol sisteminin davranisi hakkindaki uluslar arasi sivil
ve askeri standartlar tez kapsaminda incelenmis, tasarlanan kontroldr yapilarindan
sabit geri beslemeli olan kontrol mimarileri bu kriterlere uygunluk agisindan da
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degerlendirilmistir. Tez kapsaminda tasarlanan ve ¢evrimigi olarak kontrol igaretinin
iiretildigi Model Ongoériilii Kontrol ve Cebirsel Model Ongériilii Kontrol yapilarinin
kiyaslanmasinda hem c¢evrimi¢i ¢oziim siiresi hem de performas kriterleri altindaki
basarimi goéz Oniinde bulundurulmustur. Cevrimigi kontrol isaretlerinin belirlendigi
Model Ongériilii ve Cebirsel Model Ongériilii kontrol yapilarinda kararlilik incelemesi
klasik geri besleme yontemlerinde yapildigi gibi yapilamayacagi i¢in literatiirde yer
alan varsayimlar ile kararhiliklar1 incelenmistir. Kontrolorlerin tasarimi inis
sathasindaki bir durum i¢in dogrusallagtirilmis dogrusal model iizerinden yapilmis
olup inis simiilasyonu ve performans analizleri dogrusal olmayan model iizerinden
yapilmistir. Tezin degerlendirme kisminda yanal ve boylamsal durumlarin tutusunun
belirli kriterler altinda, inisin tamami boyunca, palye fazinda ve teker koyma anindaki
basarimi1 degerlendirilerek farkli kontrolor yapilarmin inis otopilotu tasarimindaki

basarimi ele alinmustir.

Anahtar Kelimeler: Otomatik inis sistemi, Otopilot, PID, LQI, MPC, Model

Ongoriilii Kontrol
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1. INTRODUCTION

1.1 Purpose of Thesis

Within the scope of this thesis;

- With the model predictive control method, it is aimed to develop an algorithm for

automatic landing of a fixed-wing aircraft.

- Taking into account that the computation speed of the classical MPC algorithm is
high, it is aimed to make automatic landing by using an algorithm that can give results

in a lower time with a different MPC approach.

- It is aimed to make performance comparisons of classical feedback control methods
(PID, LQI), Model Predictive Control (MPC) and Algebraic Model Predictive Control

(AMPC) methods in case of adverse weather conditions.

1.2 Literature Review

The first automatic landing system was implemented in England in 1965, however,
many aircraft with automatic landing use the instrument landing system. Automatic
landing systems work together with ILS (Instrument Landing systems) at airports. The
ILS directs the aircraft with two radio transmitters called glide slope and Joealizer
beams to provide the appropriate elevation and approach angle (azimuth) of the aircraft
relative to the runway. By starting a flare about 50 feet above the runway surface, the
nose of the plane is lifted, the air speed is cut and thus a smooth landing is provided.
At altitudes below 200ft, the ILS signs are very noisy, so they stop being used before
they fly. Below this altitude a radio altimeter or visual data is used as a reference. The
vertical velocity and airspeed of the plane are reduced from the start of the flare to the
ground.[1] Several control architectures have been used for automatic descent control.

PID and its derivative controllers are used for altitude and descent speed.[2,3]

There are automatic landing algorithms made with the backstepping control method.

For automatic landing with this algorithm, roll, yaw angles and altitude, velocity



signals in the longitudinal plane are used. In addition, the gust affecting the aircraft in

the study was estimated with an observer structure in 3 axes. [4,5]

Automatic landing algorithms made with the fuzzy control method are available. These
studies state that fuzzy logic control is an effective and flexible method for automatic
descent when applied to the control law, and that the design method of control law

using fuzzy logic control is obtained. [6]

Adaptive Control studies were also carried out for automatic landing systems. [7] In
this study, while the glide angle and longitudinal direction are controlled in the first
part of the longitudinal axis control, the velocity error and vertical velocity are
controlled in the second step. Two reference models and linear observer were used in
the related study. The signal predicted by the Observer was used to train the neural

network, which is one of the subsystems of the control architecture.

Studies have been carried out in which adaptive control and dynamic inversion
methods are used in combination for automatic landing. The Nonlinear Dynamic
Inversion (NDI) controller acts as the main controller for this architecture. In the
controller, which is designed as two nested loops as inner and outer loop, while the
pitch angle, speed, yaw rate commands are controlled in the inner loop, commands to
control the descent slope are generated in the outer loop.[8]

Model predictive control method is a method that has been available for a very long
time in the control literature. [9-15] The biggest advantages of the model predictive
control method are that sub-optimal solutions of the control problem can be easily
obtained and control parameters can be adjusted easily.[15,16] In addition to the
advantages of the model predictive control method, there are some disadvantages, the
most important of which is that the processor power may be insufficient due to online
optimization and the processor may take longer than one cycle while obtaining the
control signal in the control cycle. Different algorithms have been developed to
overcome this situation.[17] In addition, sub-methods have been developed in which
some calculations of the model predictive control method are performed offline.[18—
20]

Studies have been conducted on model predictive control methods in flight control for
a long time.[21,22] Reference model-based approach where used for an MPC

controller tries to restore the original functionality of the pilot's controls. For



simulation purposes, methods were studied in which the pilot was simulated with
another MPC controller operating at a lower sampling rate. [23] Nonlinear model
predictive control methods have also been used in studies on flight control. A nonlinear
controller methodology is developed based on nonlinear model predictive control and
cluster membership estimation, resulting in a robust controller to model uncertainties
and limited noise sources. In the Model Predictive Controller structure, the constraints
in the states and control signals can be directly included in the optimization problem
and are created within the framework of these constraints while the control signal is
generated.[24,25]

In addition to all these studies, no study was encountered in which the model predictive

control method was directly used for automatic landing of a fixed-wing aircraft.

1.3 Motivation

The use of model predictive control method in aircraft control is not common, one of
the most important reasons for this is that generating the control signal of the MPC
solution may impose a heavy computational load on the flight control computer and
may send incorrect commands to the aircraft's control surfaces if it cannot reach the
optimal solution. It is thought that with the algebraic model predictive control method,
which brings an algebraic solution to the model predictive control method, the solution
speed of the system will increase and it can be applied on a real aircraft. In terms of
performance performance, it will be successful in classical feedback control methods
and the solution will not impose more than its capacity on the flight control computer,
which will enable the targeted output to be achieved.






2. MODELLING

The aircraft model to be used in the thesis is GTM (GenericTransport Model), which
can also be found in the NASA Technology Transfer Program. NASA Aviation Safety
Program conducted studies with the T-2 tail numbered aircraft, which was developed
within the scope of the General Transport Model, in order to examine the situations
caused by loss of control in aircraft. It is aimed to develop flight control technologies
that can provide control in case of loss of control due to damage and malfunction in
this aircraft. In addition to the aircraft non-linear model, varying behaviors in error
scenarios are also included in the model. After the classical aircraft modeling studies,
the flights were carried out and the final version of the model was obtained. The
aircraft was designed as a geometrically 5.5% subscale version of a passenger plane,
but also dynamically scaled. In this context, dynamic scaling techniques [26] were

used to scale flight dynamics appropriately.

2.1 Mathematical Modelling

2.1.1 Reference frames

In order for the aircraft to be modeled, the equations must first be expressed in a
specific set of axes. Although there are many axis sets in aviation, 6 of them are

mentioned in the thesis.

2.1.1.1 Inertial axis system

A non-rotating reference system placed in the center of the earth is assumed. Earth's
orbital motion around the sun is ignored. Generally, the z-axis of the inertial axes set
is in the direction of the earth rotation axis, and the x and y axes are selected in the

equatorial plane.

2.1.1.2 Earth-fixed axis system

The z-axis coincident with the central earth axis is on the earth rotation axis and the x
axis rotating with the earth is the set of axes where the lines where the meridian and
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the parallel are O degrees coincide. An axis system fixed at the center of the earth is
useful for obtaining components that can be written from the derivative of the aircraft's
position relative to the earth and its position. In this axis system, even in the absence
of speed of the aircraft, it is assumed that it moves with the earth and rotates with the

earth's rotation.

2.1.1.3 Navigational axis system

It is a set of axes that are on the central navigation system and whose axes are selected
in the north, east and down (towards the center of the world) directions. This axis
system is useful for obtaining parameters that can be expressed as the position and

derivative of the aircraft relative to a point of departure.

2.1.1.4 Body axis system

A set of axes with axes coincident with specific tool directions. For example, the
central plane can be chosen at the center of gravity, the x-axis to the nose, the y-axis
to the right wing direction, and the z-axis to the right hand rule. The axis system is
fixed to the vehicle and moves with the vehicle. In this axis system, the center of mass
or center of gravity of the aircraft is selected as the reference point. However, this axis

system is useful in determining the forces and moments acting on the aircraft.

2.1.1.5 Stability axis system

In order to obtain linear flight conditions of aircraft, the condition of the aircraft
according to the angle of attack is important. The stability axis sysem is used to align
the X axis with the incoming flow direction by rotating the aircraft body pivot around
the Y axis. As a result, the X-axis of the stability pivot is aligned to the direction of
the oncoming air in straight flight. If there is no sideways belt case, the Y-axis will be
the same as the Y-axis of the body axis system, and the Z-axis will be the same as the

Z-axis of the body axis system.

2.1.1.6 Wind axis system

It is basically based on the body axis system. Unlike the trunk axis system, the X axis
is chosen in the direction of wind arrival. The Y axis is chosen to point to the right of
the X axis when viewed in the V direction perpendicular to the X axis, and the Z axis



is chosen perpendicular to the X and Y axes in accordance with the right hand

rule(Figure 2.1 ).

X-AXIS
(800Y)

X-AXIS
BODY (STABILITY)
Z-KXIS X—-AXIS
(WIND)

Figure 2.1 : Body Axis, Stability Axis, Wind Axis.

2.1.2 Forces and moments

Newton's second law gives the relationship between the force applied on an object and
the mass of the object and the acceleration that this force will add to the object. The
force due to the speed difference between the aircraft and the air is called the
aerodynamic force. It can be said that the aerodynamic force creates a moment with
respect to a reference point on the aircraft. Since the aircraft is not a solid object, there
cannot be a single reference point and a single moment. There is a distribution of the
force acting at every point of the contacted surface and a moment created by this force

at certain reference points (Figure 2.1).

In aerodynamic studies, instead of resultant force and moment, their calculated or
measured components in an appropriate axis set are often mentioned. Although these
forces and moments can be expressed according to different axis systems, they are

generally expressed in the body axis set (Table 2.1).

Table 2.1 : Forces and Moments (According to Body Axis).

Forces Moments
X L - Pitching Moment
Y M - Rolling Moment
Z N - Yawing Moment




Verrical

—%— Cenlfre of gravity
- . ! = (_ >
%,
N
X L e

Figure 2.2 : Forces and Moments on Aircraft (According to Body Axis).

2.1.3 Angles, angular velocity and rates

The orientation of a given reference frame with respect to another reference frame is
specified by three Euler angles (\P, 0, ®@). P, Is called the head or azimuth angle; 9, is
called the slope angle; @ is called bank angle (Figure 2.3).

Euler angle velocities (3 ,0,¢) are not measured directly. The angular velocity
components (p, g, r) in the body axes are measured. Conversion is required to obtain
the ratios of Euler angle velocities (Table 2.2).
p = ¢ —Psind

q = Bcos¢ + YPsingcosh (2.1)

r = Ycospcosd — Osing
In other words:

¢ = p + tanB(gsing + rcose)
0 = qcos¢ — rsing (2.2)

Y = secO(qsing + rcosg)



Table 2.2 : Angles, Rates and Angular Velocities (According to Body Axis).

Angles Angles Rates Rates Angular
Definition Definition Velocities
. Heading Yaw Rate P
Y - Psi Angle p
0 - Theta Pitch Angle q Pitch Rate 2]
® - Phi Roll Angle r Roll Rate )

Pitch ()

Yaw () b

Figure 2.3 : Euler Angles on Aircraft (According to Body Axis).

2.1.4 Equation of motions

We need some pre-assumptions and assumptions before we can write the equations of

motion of an airplane.

In order to obtain the Equation of motions, it is assumed that the aircraft is a rigid
body, therefore it is assumed that the distance between two points of the aircraft does
not change during flight. With respect to Newton's Second Law, some forces and
moments applied to the plane and equations of motion expressed through translational
and angular accelerations can be established. For this, the rigid body assumption is
required. In this way, the movements of the aircraft are expressed in the form of an
equation with six degrees of freedom.

2.1.4.1 Translational equation of motion

According to Newton's Second Law:

d d
F=ma=m T V; T (mV,) (2.3)



And
d

F represents the sum of all applied externally.V; is expressed according to the body
axis set, if we arrange this expression according to the world axis system, we express

it as follows:
Ve = () Ip+ 0 xV; (2.5)

Where © is define angular position. The rate of change according to the world axis

system is given as
d d
— Ve =5 W) lIptwxV; (2.6)
de de

Where w is define angular velocity respect to the body axis system. When vectors are
expressed in terms of the body axis system, both velocities can be written as the sum

of their respective components (Figure 2.4).

d L .
d_(Vt) |B: lBU +_]BV + kBW (29)
t

And w x V; can be describe as:

i j ok
wxVe=|P @ R|=i(QW —VR) +j(UR — PW) + k(PV — UQ) (2.10)
uv w

If we arrange equation 2.8 and equation 2.9
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di(vt)E =izl + jzV + kgW + i(QW — VR) + j(UR — PW) + k(PV — UQ) (2.11)
t

And we can write;

a, = (U+ QW —VR) (2.12)
a, = (V+UR—PW) (2.13)
a, = (W + PV —UQ) (2.14)
Therefore:
F. =m(U + QW — VR) (2.15)
F,=m(V + UR — PW) (2.16)
F,=m(W + PV - UQ) (2.17)

Figure 2.4 : Translational Kinematics Transformation.
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2.1.4.2 Rotational equation of motion

Angular momentum for a rigid body can be defined as:
H=Iw (2.18)

The inertia matrix, I, is defined as:

Ixx _Ixy _Ixz
I=|-Ly L, -, (2.19)
_Ixz _Iyz Izz

d
M=d—H+a)*H (2.20)
t

M represents the sum of all applied torques and H is angular momentum. If we write
equation 2.18 and 2.20

d d
M=—H+w+x H=—Ilo+w=* H (2.21)
d¢ d¢

And angular momentum for a rigid body can be defined as:

Ixx _Ixy _Ixz P
H=|-Ly L, -, M (2.22)
=1 I, r

_Ixz

Therefore angular acceleration for a rigid body can be defined as:

H=|=Ly Ly —L.||qg (2.23)

Ly _Ixy —ly, [p‘
T

_Ixz _Iyz Izz

Hx = LD — Ixyq — L, T
H=1{H, = —Ixy}i + Iyyq — IyZT" (2.24)
H =

z _Ilej - Iyzq + Izzf

If we put angular momentum and angular acceleration equations in 2.22
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. . . iB jB kB
M= (Hig+Hyjg+ Hkp)+|P q 7 (2.25)

M= ([Ixx}j - Ixyq - [xzfﬂ]iB + [_Ixylj + [yyq - [yzf”]jB + [_Ilej - Iyzq + Izzf]kB)

2.26
+([aHy — rH, i + [rHe — pH.lin + [pHy — aHy]Ks) (2:26)

Generally, the aircraft are symmetrical around the XZ aircraft, and the result is usually

the following:
Ly =1,=0 (2.28)
And
L = LD — Ly (7 + pq) + (12 — Ly )qr (2.29)
M =1L,q + L% = 1%) + (Lx — I)pr (2.30)
N = I, = Lizp + pq(lyy = Lx) + Lpqr (2:31)

2.1.5 Translational kinematics

The translational velocity components in the body frame
V=iyu+j,v+k,w (2.32)
The translational velocity components in the earth-fixed frame
Vgrouna = leX + je¥ + keZ (2.33)
Conversion is required here,

Vground = TgV (2.34)
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Flight path equations or course equations are obtained using the Euler Transform.

X u
y|=Ts H
VA w
Here,
cos Pcos 8 cos Psin Bsin ¢ — sin YPcos ¢ cos Psin Ocos ¢ + sin Psin ¢
TE = |sin cos 6 sin Psin Osin ¢ + cos Pcos ¢  sin Psin Hcos ¢ — cos PYsin ¢
—sin 6 cos 6fsin ¢ cos Bcos ¢

As a result, the translation kinematic equations are

X = u(cos Pcos 0) + v(cos Psin Osin ¢ — sin Pcos ¢) + w(cos Psin Bcos ¢ + sin PYsin ¢p)

¥ = u(sin cos 0) + v(sin Psin Osin ¢ + cos PYcos @) + w(sin Psin Hcos ¢ — cos Psin @)

z = u(—sin 0) + v(cos Osin ¢) + w(cos fcos ¢)

2.1.6 Rotational kinematics

Euler angular velocities are found in terms of aircraft angular accelerations.

p cos 8 0 —sin 6 0 1 0 0 0 ¢
[q] = [sin ¢sin &  cos ¢ sin ¢pcos |0 +]|0 cos ¢ sin p|[d]+ |0
T cos ¢sin & —sin ¢ cos ¢pcos 8] L 0 -—sin ¢ cos ¢llo 0
Aircraft angular accelerations
p] 1 0 —sin 0 1[¢
[q] = [O cos ¢ sin ¢cos 9‘ 0
r 0 —sin ¢ cos ¢cos 1|4
Euler angle velocities can be found as:
¢ P
o(=La"|q
Y r

Here,
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(2.36)

(2.37)

(2.38)

(2.39)

(2.40)

(2.41)

(2.42)



1 tan Osin ¢ cos ¢tan 0
L= [0 cos ¢ —sin ¢ ] (2.43)
0 sec Osin ¢ sec Ocos ¢
Euler angle accelerations,
) 1 tan Osin ¢ cos ¢tan 07 [p
o= [0 cos ¢ —sin ¢ ] \q‘ (2.44)
P 0 sec Osin ¢ sec Ocos ¢pllr
As a result, the rotational kinematic equations are
¢ = p + tan 8(gsin ¢ + rcos ¢) (2.45)
6 = qcos ¢ — rsin ¢ (2.46)
Y = sec6(qgsin ¢ + rcos ¢) (2.47)

It is obtained in the form.

2.2 Actuator Modelling

The actuators in the aircraft model are modeled as a first order system. The deviation
value for each actuator is added to the command, and then the position output is
obtained by multiplying the delay constant for each actuator with the different
frequency(Table 2.3). During modeling, nonlinear actuator speed and position limits
are also added to the model. The general scheme of the actuator model is shown in
Figure 2.5.

Bias

Ydot_lim

Rate Limiter 1 /_ . 1

P Position Limiter

Figure 2.5 : Actuator Modelling.
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Table 2.3 : Actuators and Actuator Parameters.

Actuator Bandwidth Rate Limits Position Limits
Elevator 5 Hz 300 deg/s [-30,+20] degree
Aileron 5 Hz 300 deg/s [-20,+20] degree
Rudder 5 Hz 300 deg/s [-30,+30] degree
Throttle [0,100] percent

2.3 Disturbance Modelling

2.3.1 Gust modelling

Gust; sudden increase in wind speed. In order for the sudden increase in wind speed to
be a breakthrough, this increase should be more than 10 Knots, with the increase the
wind speed should exceed 16 Knots and its duration should be less than 20 seconds.
Short-term wind with a sudden increase, blowing at a speed higher than the average
wind speed (at least 10 knots) obtained at the time of the rasat. The farther up from
landforms and buildings, the less incident of lunge. Due to convectional currents, edi
waves, thermal instability and man-made obstacles on the earth, it is always possible

to see a move on the ground.

Gust is defined as in the equation according to MIL-F-8785C[27].

0,x<0
|4 X
Vwina = 7m(1—COS(T[*d—>>’O <x <d,
m
Vi, x >dy,

Here, V,,, gust magnitude is defined as d,,, gust length, x traveled distance and V,,;,,4

as the resulting wind speed in the frame of the body axis.

The Gust model is designed in MATLAB-Simulink environment as shown in the
Figure 2.6.
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Figure 2.6 : Gust Modelling.

2.3.2 Wind shear modelling

Wind Shear; It can be defined as sudden changes in wind speed or direction, or both,
between two specific points in the atmosphere. This change can be horizontal or

vertical.

The biggest impact of the wind shear incident is that it poses a great danger to the
aircraft in the landing phase. As is known, the speed of the aircraft at the time of
landing is much lower than the speed at the time of take-off. This may cause various
negative effects to occur at the time of landing on the plane.

Windshear size is defined as in the equation according to MIL-F-8785C[27].

h
—w In (%) B {0.15 for Category C Flight Phase
tw = Y20 In (20)’ %o = 2.0 for Other Flight Phases

Zy

The stages included in Category C Flight Phase are defined in the same standard as

follows:

Basic Flight Stages are normally defined by staggered maneuvers using flight path

control:
a. Takeoff (TO)
b. Catapult takeoff (CT)

c. Approach (PA)
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d, Wave-off / go-around (WO)
e. Landing (L)

The Windshear model is designed in accordance with Category C Flight Phase in

MATLAB-Simulink environment as shown in the Figure 2.7.

h J

O /]|t oow s
Altitude f Multiply u(:)

3ft--=inf hiz0 In(h/z0) » x Mean Wind
X MR

20/0.15 » Inu k3
ref_heighUz{] In(ref height.le]l] Transform

from Inertial to
Body axes

>
Wind ) o X
Direction
Wind speed
at reference height

Figure 2.7 : Wind Shear Modelling.

2.4 Sensor Modelling

Another important sub-model in the aircraft model is the Sensor Model. State variables
for the relevant aircraft are measured with 3 different systems; air data system, GPS /

INS system and inertial navigation system.

Model outputs are passed through the sensor subsystem. In the Figure 2.8, the general

scheme for a variable in this subsystem is given.

gV

Resolution

SensorDelay

A b

Downlink Delay

» =
<

Figure 2.8 : Sensor Modelling.

With the air data system, Alpha (Angle of Attack), Beta (Sideslip Angle), gbar
(Dynamic Pressure), TAS (True Air Speed), Ambient Temperature, Altitude variables
are measured. Anti-aliasing filter frequency and downlink delay for these variables are
as in the Table 2.4.
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Table 2.4 : Air Data System Signals and Parameters.

Signal Name Anti-aliasing Filter Downlink Delay
Frequency

Alpha 100 Hz 0.015s

Beta 100 Hz 0.015s

QBar 100 Hz 0.015s

TAS 100 Hz 0.015s
Ambient Temperature 100 Hz 0.015s
Altitude 100 Hz 0.015s

With the GPS system, Phi (Rotation Angle), Theta (Pitch Angle), Psi (Yaw Angle),
Latitude, Longitude, Altitude, Vn (North Direction Speed), And (East Direction

Speed), Vd (Vertical Speed) variables are measured. Anti-aliasing filter frequency and

downlink delay for these variables are as in the Table 2.5.

Table 2.5 : GPS Signals and Parameters.

Signal Name Resolution Sensor Delay  Anti-aliasing Downlink
Filter Delay
Frequency

Phi 0.01 degree  0.040 second 100 Hz 0.015s

Theta 0.01 degree  0.040 second 100 Hz 0.015s

Psi 0.01 degree  0.040 second 100 Hz 0.015s

Latitude 1077 degree  0.040 second 100 Hz 0.015s

Longitude ~ 1077 degree  0.040 second 100 Hz 0.015s

vn 0.01 ete™  0.040 second 100 Hz 0.015s
second

Ve meter  0.040 second 100 Hz 0.015s
second

vd 0.01 ete”  0.040 second 100 Hz 0.015s
second

Pb (Rotation Angle Speed Relative to Body Axis), gb (Pitch Angle Speed Relative to
Trunk Axis), rb (Yaw Angle Speed Relative to Body Axis), Ax (Acceleration on X

AXxis), Ay (Acceleration on Y Axis), Az ( Acceleration in Z Axis) variables are
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measured with Inertial Navigation System. Anti-aliasing filter frequency and downlink

delay for these variables are as in the Table 2.6.

Table 2.6 : Inertial Navigation System Signals and Parameters.

Signal Name Anti-aliasing Filter Downlink Delay
Frequency
pb 100 Hz 0.015s
gb 100 Hz 0.015s
rb 100 Hz 0.015s
AX 100 Hz 0.015s
Ay 100 Hz 0.015s
Az 100 Hz 0.015s

2.5 Linearization

25.1Trim

Trim basically aims to balance the forces and moments acting on the aircraft. This
equilibrium position can also be expressed as zero longitudinal and lateral forces, and
zero rolling and yaw moments. In cases where the aircraft is stable, the equilibrium
situation is expected to continue under the conditions where the trim process is applied

- if there is no disruptive effect.[28]

Obtaining aircraft trim conditions is of paramount importance. Trim defines aircraft
flight envelope and performance characteristics and is also used in both analysis and
design of engineering studies. Trim itself is of great importance, as well as the data to
be derived from it. Linear models are derived at trim points (Figure 2.10). In flight
control, controllers designed around linear models are used, so both model accuracy
and the success of the trim are of great importance in flight control. The change of
state of the control surface and variables at various trim points can be seen in Figure
2.9.
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2.5.1.1 Trimmed states

Equilibrium point or trim point is defined in a classical concept in nonlinear systems

theory. The system equilibrium point invariant with time is specified as x., and the

function g(x, x, u) at the equilibrium point is defined as
g0,x,u) =0 (2.48)

When x.q = 0,upq = 0 0r ugq = ug

What is expressed by steady-state flight is a condition where the derivatives of the
aircraft motion variables are zero. This also means that the linear and angular

accelerations are zero.
The general steady state flight condition can be defined as:
Tranlational Rates: (k. =v=w=0)or (Vz = =d =0)
Rotational Rates:(p =q=7=0)or (p, =G, =1, =0)
Tranlational Velocities:(u=v=w=C)or V; = =a =C)
Rotational Velocities:(p =q=r=C)or (py, =q, =1, =C)
Control Inputs: 6, =6, =6, =0r =C
C represents predetermined or appropriate values for each state or control input.

Steady-state conditions (p = ¢ = v = 0), require angular velocities to be zero or
constant (as in fixed turns) and therefore aerodynamic and thrust moments must be
zero or constant. Steady-state conditions (i = v = w = 0), require that the air
velocity angle of attack and the side slip angle be constant, and therefore the
aerodynamic forces must be zero or constant. A steady state solution can only be found

on a digital computer using a numerical method, due to its nonlinearity.

2.5.1.2 General trim algorithm

The most common method of finding aircraft steady-state is based on minimizing a
cost function. With this method, the set of unknown parameters is obtained by
minimizing the cost function in line with certain requirements. For the aircraft, the

situation is as follows: the nonlinear equation of the aircraft is minimized under the
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specified conditions to obtain the aircraft's control inputs and unspecified state

variables in these conditions.

2.5.2 Linearization

Nonlinear models are used to evaluate the control system performance of the aircraft,
while linear models are used for control system design. Mostly, linear models are
obtained from nonlinear models by numerical method. The most recent developments
in the understanding of aircraft dynamics and the control system have come from
working with linear equations using the small disturbance method. The small
disturbance method was proposed by G.H.Brayn in 1911. The small disturbance
method, under non-accelerated flight conditions, the sum of the forces and moments
generated by small disturbance is equal to the force and moment the aircraft is
subjected to. This method is still used in control system development. Using the
stability derivatives in the small disturbance method, forces and moments acting on
the aircraft can be calculated in certain flight conditions. The mathematical model
required for the control of the aircraft is obtained by using the stability derivatives
obtained according to the aircraft configuration and flight conditions and the inertial

parameters of the aircraft in the small disturbance method.

In the small disturbance theory, it is assumed that the motion of the plane makes small
deviations during non-accelerated flight, and with this assumption, the product of
small changes in the variables is very small compared to the others, so the terms sine
and cosine that are negligible or non-linear are cleared from the equations with the
small angle approach. Control inputs are constant while equations of motion are
linearized. For the case where angular accelerations and linear accelerations are
considered to be zero or very small, the equations of motion can be divided into

longitudinal and lateral accelerations.
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Figure 2.9 : System Matrices.

Aircraft is linearized at 500ft Altitude, 80 kts Indicated Airspeed and 0° Gamma angle.
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2.6 Linear and Nonlinear Model Comparision

In order to test the accuracy of aircraft linearization, doublet type signals to aircraft
control surfaces and comparison of the states of the linear model and the nonlinear
model is a method generally followed. The results are shown in the Figure 2.11, Figure
2.12, Figure 2.13, Figure 2.14, as can be understood from the figures, the consistency
of the aircraft model obtained as a result of linearization with the nonlinear model is

in question.

Elevator Doublet

Time (sec)

Figure 2.11 : Angular Velocities and Rates According Elevator Doublet.

Aileron Doublet

pldegps)

Time (sec)

phi(deg)

Time {sec)

Figure 2.12 : Angular Velocities and Rates According Aileron Doublet.
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2.7 Longitudinal and Lateral Modes

When the aircraft linear model is obtained, longitudinal and lateral dynamics are easily
separable for fixed-wing aircraft. We can interpret the characteristics of the aircraft
according to the location of the poles of the linear model of the aircraft, which is
separated longitudinally and laterally in conventional aircraft traveling at subsonic

speeds.

2.7.1 Longitudinal modes
Longitudinal flight modes are expressed in two separate modes:

Short period mode: It is the first mode that constitutes the longitudinal motion of the
aircraft. It is the nose up and down movement that occurs as a result of the pilot's
altitude rudder control. Longitudinal is generally the fastest damping mode and desired
to occur. a and q directly affect V and indirectly. In the complex plane, two complex

can be separated by conjugate poles.

Phugoid Mode: It is the second mode that constitutes the longitudinal motion of the
aircraft. It is the nose up and down movement that occurs as a result of the pilot's
altitude rudder control. It is a mode that is slowly damping and is not desired to occur.
V affects h and 0 directly and indirectly for o and q. In the complex plane, two complex
can be separated by conjugate poles. These poles are much closer to the origin than
the short-period mode. The polar characteristics of the short-period and phugoid modes
for a trim point are given in Table 2.4. The variation of the polar characteristics of the
short-period and phugoid modes for different trim points is given in Figure 2.15 and
Figure 2.16.

Table 2.7 : Longitudinal Modes.

Mode Pole Damping Frequency Time Constant
(rad/seconds) (seconds)
Phugoid Mode -0.0229 + 0.287i 0.0796 0.288 43.6
Phugoid Mode -0.0229 - 0.287i 0.0796 0.288 43.6
Short-Period Mode -3.03 + 6.5i 0.422 7.17 0.330
Short-Period Mode -3.03 + 6.5i 0.422 7.17 0.330
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2.7.2 Lateral modes
The lateral flight modes are expressed in two separate modes:

Roll mode: It is the first mode that forms the lateral-linear motion of the aircraft. It is
the right and left wobbling movement that occurs as a result of the flap control of the
pilot. It is a fast damping mode with lateral origin and it affects p and it is expressed

by a real pole in the complex plane.

Dutch roll mode: It is the second mode that constitutes the lateral-linear motion of the
aircraft. It is a lateral origin mode that is realized as a result of the pilot's aileron and /
or direction rudder control, which is slower damping than the yaw mode and is
undesirable to occur. It causes the plane to swing like a cradle on the lateral axis. The
complex plane is expressed by two complex conjugate poles. These poles are closer to

the origin than the fugoid mode poles and closer to the short period poles.

Spiral Mode: It is the third mode that forms the lateral-linear motion of the aircraft. As
a result of the pilot's aileron and / or direction rudder control; lateral origin, slowest
damping mode. On the complex plane, it is usually represented by a pole very close to
its origin. Even its instability does not have a negative effect on the system, and its
compensation does not cause any problems due to its very slow damping. The polar
characteristics of the spiral, dutch-roll and roll modes for a trim point are given in
Table 2.9 and Table 2.8 . The variation of the polar characteristics of the short-period

and phugoid modes for different trim points is given in Figure 2.17 and Figure 2.18.

Table 2.8 : Lateral Modes.

Mode Pole Damping Frequency Time
(rad/seconds) Constant
(seconds)
Spiral Mode -0.0448 1.00 0.0448 22.3
Dutch-Roll Mode -0.857 + 6.26 0.136 6.31 1.17
Dutch-Roll Mode -0.857 - 6.26 0.136 6.31 1.17
Roll Mode -6.62 1.00 6.62 0.151
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3. AUTOMATIC LANDING

According to the MIL-F-8785C document, the moments when the aircraft is in the air
and the manvera is divided into certain criteria according to the requirements of the

situation. According to the standard, the flight phases are as in Table 3.1.

Table 3.1 : Flight Phases.

Category Features

Those nonterminal Flight Phase that are require rapid maneuvering,
precision tracking, or precise flight-path control.

Those nonterminal Flight Phase that are normally accomplished using
2 gradual maneuvers and without precision tracking, although accurate
flight-path control may be required.

Those nonterminal Flight Phase that are normally accomplished using
gradual maneuvers and usually require accurate flight-path control.

According to the flight categories defined in the MIL-F-8785C document, the landing
part is in the number 2 category. The automatic landing of a fixed wing aircraft consists
of several phases. These phases are:

- Base Leg

- Descent / Glide

- Flare

- Touchdown

- Turning after landing

The phases listed above apply to a normal landing, where normal landing is meant:
when the engine power is available, when the wind is light, or when the final approach
is made directly upwind, there are no obstructions on the final approach path, the
landing surface is solid and long enough to stop the aircraft gradually. [29] Depending

on the characteristics of the aircraft, how the landing will take place and how the
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aircraft will behave are included in the Federal Aviation Administration (FAA)
approved Aircraft Flight Manual and / or the Operation Manual (AFM / POH) written
for that aircraft. Position information of the vehicle is required for the landing phase
of an airplane. Since 1920, landing aids have been developed to guide pilots to ascend
the aircraft [30]. With these auxiliary systems, pilots realize the landing by knowing

the position and direction of the plane relative to the runway.

In 1930, Diamon and Dunmore introduced a radio navigation-based landing aid similar
to the Instrument Landing System (ILS) used today. [31] Automatic landing systems,
with various differences, were naturally developed later than piloted landing. The first
automatic landing performed by British Airways in June 1965 was made during a
commercial flight using an automatic landing controller on the pitch axis. Here, lateral
control is carried out by the pilot and vertical movement is controlled by the controller.
Later, in 1996, a fully controlled landing was made in three axes. Due to the nature of
the landing stage, it is more difficult to recover a fault, especially in unexpected
situations when both speed and altitude are correspondingly low. While the transport
of the aircraft decreases with the loss of speed, the air vehicle approaching the ground
with the loss of altitude increases with the disruptive effects with the ground effect.
There are certain limits for landing in healthy conditions for automatic landing
systems. In case the wind and wind shear are within certain limits, the aircraft is
expected to perform automatic landing. As a comprehensive and generally accepted
study on this subject; The Federal Aviation Administration (FAA) and researchers
have defined safety ranges of flight parameters for several flight phases. FAA
thresholds are defined as follows: 25 knots for front winds, 10 knots for tail winds, 15
knots for cross winds; moderate turbulence, between 200 ft and 8 knots per 100 ft for
wind shear. When FAA limits are exceeded, automatic landing should be canceled and
the pilot should take control of the aircraft.

3.1 Base Leg

Although the base leg phase is the first phase of the descent phase, it is of great
importance. At this stage, the pilot must correctly decide on the altitude and distance
at which he can land. The longitudinal distance traveled during landing is related to
the height of the base leg stage and the wind acting on the aircraft. In cases where

strong winds will be effective on final approach, the distance at the base leg stage
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should be closer than the distance in the no wind state, as flap control surfaces are used
for a steep descent angle.[29] The base-leg phase continues until the aircraft is above
the landing line. This turn to the descent route continues depending on the obstacles in
the direction of the ground and ends at a safe altitude. At the same time, the turn that
will take place in the base-leg phase must start at a certain distance from the runway
where the aircraft will land, because in cases where the aircraft turns more than
necessary, the wing cannot produce the required lift and the aircraft will stall. The
main purpose in the base-leg phase is to bring the aircraft to the final approach at both
the appropriate altitude and the appropriate speed. In cases where a steep descent angle
is required to avoid traveling a long distance on the longitudinal axis during the final
approach, it is recommended to stop the approach and enter the descent cycle by

ascending again.

3.2 Glide

After the cruise phase is completed, it starts the descending phase. At this stage, the
aircraft begins to gradually lower its altitude. At this stage, engine power is usually
reduced and begins to descend while maintaining a constant flight path angle, while
the wings and landing gear are used to reduce speed and provide more lift at low
speeds. When the descending phase occurs under normal conditions, it has the same
structure as the climb. [32] While ascending with a certain flight path angle during the
climb phase, descent is achieved with a fixed flight path angle in the descending phase.
The descending phase continues until the baleen phase. Under normal conditions, the
landing takes place at a constant airspeed and a constant flight path angle. The pilot
can change the throttle command and pitch angle to keep the airspeed constant. As the
engines are usually used at a lower power setting during the landing phases, the engine
noise affecting the aircraft is reduced. Towards the end of the descent phase, further
acceleration and an increase in noise may be felt to make the final approach.

3.3 Flare

Flare is the last part of the aircraft in the air during the landing phase. For landing, the
vertical and linear speed of the aircraft is reduced to ensure a smooth landing. This
deceleration is accomplished by reducing thrust and/or using flaps, landing gear or

speed brakes, thereby increasing aircraft drag. "Instrument Landing Systems"
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generally available at airports assist the pilot during the landing phase. The instrument
landing system (ILS) is a ground-based support system that guides the aircraft to a safe

landing on the runway using a combination of radio signals and lighting devices.
This flight stage includes the following sub-stages:

* Flare: The transition from nose-low to nose-up position just before landing until it

touches the ground.

* Landing Turn: From the landing runway until the airplane leaves or stops, whichever

comes first.

» Landing Intercepted After Landing: An attempt to levitate after landing (whether

successful or not). This does not include the take-off part of a touch gesture. [33]

Among the flight stages of the aircraft, the landing stage is the stage where accidents

and errors are most common.(Figure 3.1)

; Take-off B "
| and initial | 7 (=
L oclimb Cruize and initial Final
Taxi Climb approach Approach
and landing
Accidents 10 % 14 % 8% 10 %% 11% 47 %
Fatalities 0% 10% 12% 20 % 18 % 40 %

Statistics observed on the 2004-2013 period

Figure 3.1 : Aircraft Accidents and Fatalities Statistics.

3.4 Touchdown

Touchdown is when the aircraft rests gently on the landing surface. Rolling and
landing are normally done with the engine idling and the airplane at minimum
controllable speed. Ideally, in the landing stage, as the height of the aircraft decreases,
it is to reduce the vertical speed and ensure the soft landing as possible. By some pilots,
the nose of the plane is lowered too much to reach the runway, which causes the aircraft
to accelerate and wheel hard, and also causes the landing gear to be different from the
expected order and more than the expected load. While all this is happening, it is also
important at this stage that the speed of the aircraft does not go below the stall speed.

[29] At this stage, since the aircraft is already close to stopping speed and has come to
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a stop, a small elevator command will both slow down the aircraft and cause the
aircraft to touch the ground in the appropriate landing position and lower the main

wheels first, thus leaving very little weight on the nose landing gear.
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4. FLIGHT CONTROL ARCHITECTURES

4.1 Stability Augmentation System

In the 1950s, the concept of “stability enhancement system™ was first used by
Northrop. [34] A stability enhancement system type automatic flight control system
has been used to improve the incoming flight characteristics of the flying wing type
YB-49 manufactured by Northrop. Since then, different stability enhancement system
trials have been carried out, but the goal is the same: to bring some specific stability

derivatives to the desired properties through feedback.

A stability augmentation system (SAS) is required for most high-performance
commercial and military aircraft. There may be situations where the aircraft goes into
instability and stability augmentation system is used to solve them. The stability
augmentation system generally uses sensors that measure the angular accelerations of
the aircraft's body axis, by designing a damper control system over these angular
accelerations, the aircraft is prevented from going into instability. [35] The SAS
structure is designed depending on the aircraft modes, there are standards defining the
location of the closed loop poles of the system as a result of this design in piloted
aircraft, and it is expected that the aircraft will comply with these standards with the
stability augmentation system. The stability augmentation system is usually designed
separately for aircraft longitudinal and lateral-directional modes. Additional feedback
signals will be required if the base mode is unstable or if both damping and natural

frequency are to be changed independently.

As stated earlier, stability augmentation systems control a single mode of movement
of the aircraft. Aircraft movements can still be controlled by the pilot when the SAS
structure is turned off, in which case the pilot commands the actuators directly. In case
the SAS structure is activated, in addition to the pilot command, the actuators are

driven with the corrections coming from the control structure. [1]

Figure 4.1 is a general diagram of a SAS system with longitudinal and lateral states.
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Figure 4.1 : General Stability Augmentation System Scheme.

4.1.1 Longitudinal stability augmentation system

The longitudinal SAS structure is basically the structures that provide aircraft pith rate
stability, the short-period characteristic of the aircraft generally reaches the desired

level.

If the short period mode is slightly damped but otherwise adequate, the pitch rate
feedback is sufficient, but the angle of attack may also need to be included in the SAS
if both frequency and damping are not satisfactory. If a control loop other than SAS is
to be established in the aircraft, this loop should be installed outside the SAS loop.
When the outer loop controller is activated, the gains of the SAS structure in the inner

loop can be changed according to the need and optimal performance can be achieved.

Figure 4.2 is a general diagram of a SAS system with longitudinal states.

40

1y (5} L

1 ! Alrecreft
.'I..:'_\-'_|_|f,t|_':,r- | modeal

¥
|.I:|| i
i Mage Alpha
e filter SENSOTF

i T | Moize Fiteh if
! filter [ | rote <
— B EYro

Figure 4.2 : Longitudinal Stability Augmentation System Scheme.




4.1.2 Lateral stability augmentation system

It is not possible to separate the Lateral stability augmentation system to be designed
for the aircraft from Directional motion, therefore, the stability augmentation system
for Lateral-Directional axes should be designed together. Roll rate feedback generates
control signals to aircraft ailerons with the SAS structure designed to change the
aircraft roll mode, while Yaw rate feedback generates control signals to aircraft
rudders with the SAS structure (yaw damper). The SAS structure is usually set up by
reducing it to a single input-single output problem. The analysis process should be

done considering that it is a multi-input, multi-output system.

Figure 4.3 is a general diagram of a SAS system with lateral states.
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Figure 4.3 : Lateral Stability Augmentation System Scheme.

The rudder is used to create a yaw moment against the yaw movement caused by the
dutch roll mode with the yaw damper. This poses a challenge for returning to
coordination. During coordinated rotation, the yaw rate signal has a fixed non-zero
value. For this reason, rudder use occurs, in which case the pilot uses more Rudder
during the turn than he normally would. The solution to this problem is provided by
the "washout filter", which is a simple high-pass filter with zero DC gain. Thanks to
this filter, in cases where the feedback signal is stable, the use of yaw damper will be
reduced with the feedback signals passing through this high-pass filter and the pilot's

use of high rudder will be prevented.
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4.2 Control Augmentation System

While the aircraft is controlled manually by the pilot, the SAS structure described in
the previous section is basically sufficient. With the control augmentation system
(CAYS), the aircraft dynamic response is both damped and provides control signals to
support the commands given by the pilot throughout the flight envelope. CAS has
made significant improvements to aircraft handling characteristics; however, some
military aircraft with aggressive maneuvering may require more advanced CAS

structures.

Control augmentation systems are situations where the aircraft must use several
control surfaces simultaneously or require the use of feedback signals that are
dependent on motion variables other than those directly controlled. As a result, control
enhancement systems are more complex in their operation than stability enhancement

systems.

Pitch rate control is the preferred system for piloted approach and landing. Regarding
lateral direction control, the most common control enhancement system is a roll rate

control system.

Figure 4.4 is a general diagram of a CAS system with longitudinal and lateral states.
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Figure 4.4 : Control Augmentation System Scheme.

4.2.1 Longitudinal control augmentation system

The systems created for the aircraft to provide grip control on the longitudinal axis are
called the longitudinal control enhancing system. It is the job of the longitudinal
control enhancing system to create a specific reference Pitch-rate in response to the
forward and reverse commands given by the pilot with the lever and to keep it in a

stable and controlled manner.

42



Pitch rate control systems traditionally involve using the elevator only as a control

means in the system. An example structure is seen Figure 4.5.
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Figure 4.5 : Longitudinal Control Augmentation System Scheme.
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4.2.2 Lateral control augmentation system

The systems created for the aircraft to provide grip control on the lateral-directional
axis are called the lateral control enhancing system. It is the job of the side control
enhancing system to create a specific reference roll-rate signal in return for the left and
right commands given by the pilot with the lever and to keep it both stable and
controlled.

Lateral control augmentation systems traditionally involve the use of the aileron and

the rudder as control means in the system. An example structure is seen Figure 4.6.
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Figure 4.6 : Lateral Control Augmentation System Scheme.
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4.3 Autopilot Systems

Stability enhancement and control enhancement systems are structures that operate
depending on the direct commands of the pilot. In the stability enhancement system,
in response to the command of the pilot, command arrangements are made by the
controller to increase the stability; In control enhancement systems, there is a

successful retention of the direct references given by the pilot.

In autopilot systems, although these systems may be available in inner loops, basically
autopilot systems are used to follow the reference commands from the navigation
modes in the higher loop. Apart from the navigation modes in the upper loop, the
reference command can be given by the pilot to the autopilot, but the commands to be

given by the pilot with a crowbar have no effect on the controller here.

Autopilot systems are of great importance in flight control and significantly alleviate
the pilot load when activated. The definition of autopilot does not only express control
of certain variables, many variables can be controlled by autopilot: hull axis angles,
altitude and aircraft speed are some of them. With autopilot systems, the reference
values given by the pilot are provided without the need for any other influence of the
pilot, for this the autopilot generates the control surface commands itself. Autopilot
systems can also be used with antecedent systems, for example: an autopilot system
can be designed as the outer loop of the pitch rate CAS structure for altitude control,
or a pitch autopilot can be used together with the pitch rate SAS structure. [36] The
difference or error in pitch retention is used to generate proportional displacements of
the elevator, thus reducing the error signal. With the designed autopilot systems, the
pilot will only be able to enter the reference value in the designed autopilot and fly in

a healthy way.

Most flight quality criteria are not directly applied in autopilot design. In pilot assisted
semi-autonomous autopilot modes, the autopilot should be designed to meet
specifications for steady-state error and distortion rejection, with less emphasis on

dynamic response.

Figure 4.7 is a sample diagram for the pitch angle retention.
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Figure 4.7 : Pitch Hold Scheme.

4.4 Flight Control System General Architecture

The fully autonomous control architecture generally used in flight control systems is
as in the image below. The fast and slow modes on the lateral and longitudinal sides
of the aircraft are controlled with the cascade architecture in the image. Although it is
shown in the visual that the pilot command can only be given to the two outermost
loops, in emergencies pilot commands can also be given to the inner loops, so the semi-
autonomous modes in the inner loop can also be the savior for emergencies. (Figure
4.8)
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Figure 4.8 : Flight Control System Scheme.

4.5 Flight Control Robustness, Stability and Flight Quality Criterias

It is expected that the designed autopilot will be durable against degradation and delays
in the feedback signals and / or control commands used in the flight control system. In

the aviation field, this durability has been defined with certain definitions. As
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described in [37],when designing the control system, robustness and stability analysis

should be performed by loopbreaking each control and feedback loop.

While performing stability and robustness analysis, linear model should be used,
sensor and actuator dynamics and delays should be included in the system. In the case
of designing with a system model that does not have these, a truly remote controller
design will be made, and a different result will be seen in the nonlinear model and the

real world application from the linear model.
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Figure 4.9 : Nichols Chart Stability Analysis.

The display of the stability analysis criteria on the Nichols chart is as in the chart given
Figure 4.9. Accordingly, it is expected to have 6db gain margin in case of no phase

margin and 35 degrees phase margin where there is no gain margin.

In a single-input single-output system, the stability margin will be the same no matter
where the loop breaks, whereas in a multi-input multi-output system, the loop must be
broken separately from each control loop.

Apart from the stability and robustness criteria, another important criterion is the
quality criteria. There are important studies in the aviation industry that have been used
for many years and shaped by pilot comments and gathered expressions in a
mathematical equation. The study by Cooper and Harper Jr. [38] also found its way
into military standards. In the MIL-F-8785C document, manned aircraft are classified

according to various characteristics. This classification is given in the Table 4.1.
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Table 4.1 : Aircraft Classes.

Class Features
1 Small, light airplanes such as
- Lightutility, Primary trainer, Light observation
2 Medium weight, low-to medium maneuverability airplanes such as
- Heavy utility / search and rescue, Light or medium transport, Early
warning / electronic countermeasures/airborne command, control, or
communications  relay, Antisubmarine, Assault transport,
Reconnaissance, Tactical Bomber, Heavy Attack
3 Large, heavy, low-to-medium maneuverability eirplanesauohas
- Heavy transport/cargo/tanker, Heavy bomber, Patrol / Early warning
/| electronic countermeasures/airborne  command, control, or
communications relay
4 High-maneuverability airplanes such as

- Fighter/interceptor, Attack, Tactical Reconnaissance, Observation

Although restrictions vary depending on aircraft classes, the extent to which these

restrictions are complied with is also expressed at certain levels. (Table 4.2)

Table 4.2 : Flight Quality Levels.

Level Features
1 Flight qualities clearly adequate for the mission Flight Phase
Flight qualities adequate to accomplish the mission Flight Phase, but some
2 increase in pilot workload or degradation in mission effectiveness, or both,
exists
Flying qualities such that the airplane can be controller safely, but pilot
3 workload is excessive or mission effectiveness is inadequate, or both.

Category A Flight Phases can be terminated safely, and Category B and C
Flight Phases can be completed

The MIL-F-8785C document also defines the criteria for closed-loop damping ratios

and natural frequencies of longitudinal and lateral modes depending on the aircraft

type, flight phase. The criteria for short-period mode, which is one of the longitudinal

modes, are as Table 4.3.

47



Table 4.3 : Short Period Mode Damping Ratio Requirements

CatA/CatC CatB
Level
Min Max Min Max
1 0.35 1.3 0.35 2.0
2 0.25 2 0.25 2.0
3 0.15 - 0.15 -

The criteria for phugoid mode, another of the longitudinal modes, are as Table 4.4.

Table 4.4 : Phugoid Mode Damping Ratio Requirements.

Level Requirements
1 g = 0.04
2 {p = 0.0
3 T, = 55 sec

For Level 3, phugoid mode is predicted to be unstable, representing the time it takes

to double the T, mode size.

The criteria for dutch-roll mode, which is one of the lateral modes, are as Table 4.5
and Table 4.3.

Table 4.5 : Dutch Roll Mode Damping Ratio and Frequency Requirements.

Level Category Class min {4 min {; wny min wyyq
I, IV 0.19 0.35 1.0
A
11, 1 0.19 0.35 0.4*
1 B All 0.08 0.15 0.4*
LI-C, IV 0.08 0.15 1
C
=1Ll 0.08 0.15 0.4*
2 All All 0.02 0.05 0.4*
3 All All 0.02 - 0.4*
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*Class Il airplanes may be excepted from the minimum {,; requirement, subject to

approval by the procuring activity.

The criteria for roll mode, which is one of the lateral modes, are as Table 4.6 and
Table 4.3

Table 4.6 : Roll Mode Requirements.

Roll Time Constant T

Category Class
Level 1 Level 2 Level 3

1, IV 1.0 1.4 -

A
I, 11 1.4 3.0 -

B All 1.4 3.0 10
I, 11 1.0 1.4 -

C
i1, 1l 1.4 3.0 -
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5. AUTOMATIC LANDING ARCHITECTURES

Trajectory control of an aircraft is very difficult to be performed by the pilot, and
autopilot systems are usually designed for this. As an important sub-problem of
trajectory control, we can count descent in difficult weather conditions and limited
visibility. Tracking of the trajectory in such a situation by the pilot can be carried out
by obtaining position information according to the external equipment in the square,

but the necessity of fully autonomous landing does not decrease in this case.

5.1 Longitudinal Automatic Landing Architectures

For automatic landing, it is necessary to control various variables in longitudinal
control; speed, altitude and flight path angle. Transition to the flight path angle
designed in terms of fixed flight path is important for flare maneuver.(Figure 5.1) The
glide path deviation ratio, i.e. the component of velocity perpendicular to the glide

path, is defined as:

d = Vysin (y —va) = Ve (y — va) (5.1)

A reference is given where the altitude reference decreases exponentially after the
transition from the glide stage to the flare stage. The descent trajectory is defined as

an exponential decreasing function as follows. [35,39-42]

1
h=—h+7,h(0) = hy (5.2)

Here r is the reference input and h is the altitude of the aircraft. In case of reference
r = 0, we can write the above expression as:

h(t) = hyet/D (5.3)

The altitude at which the aircraft begins the glide phase is expressed by h,, and the

reference trajectory yi provided by a transmitter to guide the aircraft for the glide
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slope. 7 is the time constant used for the flare phase and can be found by linear distance

(D).
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Figure 5.1 : Desired Altitude Reference at Flare.

The control scheme designed in [39]is as follows. In this control scheme, the controller
between the speed reference and speed feedback is controlled by the throttle control
channel; The desired glide-path deviation and desired pitch-rate control are also
controlled by the elevator channel, the command of which is created by two different

controllers.(Figure 5.2)
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Figure 5.2 : Desired Longitudinal Trajectory Scheme.
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In [40],speed and altitude feedbacks are extracted from reference speed and reference
altitude and commands are generated by passing these differences through a command
generator. The altitude and speed values coming from the feedback and the control
commands are passed through a filter system. Here, there is a controller in the feedback
channel after the filter system.(Figure 5.3)
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Figure 5.3 : Desired Longitudinal Trajectory Scheme.

In [41], all states except altitude in the longitudinal channel are used in feedback and
these are tried to be regulated, besides the altitude variable is used together with the
integrator in the feedback channel, so a control system is designed that includes

tracking for altitude and a regulator for other states.

In [42] an altitude reference for the altitude reference based on the tangent of the
negative of the ground range to the predicted touchdown point and the angle of the
desired flight path angle; An altitude derivative reference is created depending on the
ground speed and the tangent of the desired flight path angle angle. The altitude error
is controlled by the integrator and the altitude derivative error is controlled with a
proportional multiplier and the Pitch reference is established. In addition to these, with
the transition to the flare phase, the pitchup reference is fed as a feed-forward. (Figure
5.4) Pitch reference from all these channels is controlled by a Pitch controller located

in the inner loop. (Figure 5.5)
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Figure 5.5 : Pitch Loop Controller.

In [43], the difference between the altitude reference and altitude feedback is
multiplied by a gain and the flight path angle reference is obtained by using the speed.
If the error between the flight path angle reference and flight path obtained is passed
through a PI type controller, the Alpha reference is obtained. The alpha error is
multiplied by a constant gain, and the nonlinear B block is summed up with the
compensation value of the rotational speed (g) measured by the IMU around the Y axis
of the plane pointing right when the airplane is not in horizontal flight. This sum is
subtracted from the feedback g and multiplied by a speed dependent value to generate
the elevator command. (Figure 5.6)
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Figure 5.6 : Altitude Controller Architecture.

5.2 Lateral Automatic Landing Architectures

The two main control surfaces used in lateral automatic landing autopilot systems are
aileron and rudder. While the rudder control surface enables the aircraft to yaw; The
aileron control surface allows the aircraft to make a roll movement. Different types of

controllers can be used in landing phases during auto landing.

In [41], two signals are used in the lateral descent controller; beta (lateral slip angle)
and lateral error. For these two variables, the value zero is commanded directly, their
errors are passed through the integrator and multiplied by a factor. Thus, it is aimed to

keep these two variables around the reference without any steady-state error.

In [44] the deviation of the aircraft with respect to the runway direction variable has
been filtered through a third order command filter, while the beta variable has been
filtered through a quadratic command filter and used. The command filtered versions
of these two references are used as new reference values. In addition, optimal observer

was used to predict crosswind and sensor errors. (Figure 5.7)
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Figure 5.7 : Landing (Lateral Part) General Scheme.

In [43], the heading error is multiplied by a coefficient and entered into a block where
the speed dependent roll reference is created. From the roll reference extracting from
this block, the roll feedback is removed and the roll rate reference is obtained with the
PI controller. The roll rate error also generates the aileron control surface command

multiplied by a gain depending on the speed.(Figure 5.8)
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Figure 5.8 : Landing (Lateral Part) General Scheme.

There is another lateral landing autopilot scheme based on the heading angle reference.

(Figure 5.9) Here, too, a roll reference is created based on the heading angle error. [45]
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If A 1s desired to be in degree form and for the small angles, A becomes
57.3d
~ 54
A= —s (5.4)
And
d = VT(Sin(lp - l/)ref) = VT(IIJ - lpref) (5-4)
. Vr
d= (57.3) (0= rer) (5:5)
Vr
sd(s) = (5275) (W) = trey) (56)
V. s) —
/1(5) — ET(U’( ) - l/%‘e:f) (5.7)

The purpose here for the automatic tracking system is to force A to be zero to align the

aircraft at the center of the runway for landing.
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6. AUTOMATIC LANDING CONTROLLER DESIGN

Within the scope of the thesis, a control architecture in which the pitch reference due

to altitude error is generated in the longitudinal plane [35] will be preferred for

automatic landing. The first order command generator structure, in which the altitude

reference is reduced exponentially, will be used for the speed reference in the same

way. A value of 0 will be fed as the altitude reference, while 1.25 * Vi ,;; will be fed

for the speed reference as in the [29]. Vi, for the respective aircraft has been

calculated as follows:

Where
W = Weight
p = Air Density
A = Wing Area
= Maximum Lift Coef ficient

CLMAX

For GTM-T2 Aircraft

W =57751b
= 0.0765 Ib
p=0 ft3

A =5.9018 ft?

CLMAX

ft
= 1.3541,g = 32.174048556435—2
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(6.2)

(6.3)

(6.4)

(6.5)



2x57.751b * 32.17404855643%

VsrarL = b (6.6)
0'0765ft_3 * 5.9018 ft2 * 1.3541
ft
VsraiL = 84.2349? = 42.9598 kts (6.7)
Landing Speed = Vsrypp * 1.3 = 60.1283 kts = 60kts
(6.8)

In the glide phase, the aircraft should approach the landing with a gamma angle of
about -3 degrees, depending on the aircraft characteristics. [37] Within the scope of
the thesis, a ramp-like approach is carried out for the glide phase and transferred to the
flare phase.

With the onset of the flare phase (approximately the last 50 feet), the aircraft begins to

descend for a soft kickback towards the landing point, the descent acceleration at the
touchdown point should be less than —2%. In order to meet the required

requirements, the required t should be selected in the equation below.

h = %h +7,h(0) = hy (6.9)
h(t) = hye(~t/Tait) (6.10)

According to this:
Tt = 25 (6.11)

will be selected.

The following equation is used to convert the altitude error to theta reference:

(hema — h) * Kpaor = href (6.12)
href
atan <Speed> = Yref (6.13)
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Yrer +Xgctual = Bref (6-14)

The reference of velocity, which is another variable in the longitudinal plane, is created
in a similar way to the altitude reference. While the speed reference is commanded to
ramp down to Vg4, * 1.2 during the glide-flare transition, there is an exponential
speed reference to descend to Vgr ;.. * 1.05 with the flare. The reason for the Vg, *
1.05 command of the flare moment is for the aircraft to descend to the maximum speed

that will provide lift during wheel landing and not to take off again after wheel landing.

In the lateral-linear plane, an outer loop controller that generates a roll reference due
to head angle error like [45] will be preferred. The heading reference of the aircraft
will be obtained from the angle at which the aircraft will land and the distance it takes
on the lateral axis. Before the flare phase, the heading control is done with the Roll
control, and with the flare phase, zero is commanded as a roll reference so that the
wings of the aircraft are straight and the wheel is not placed with the bank angle. Along
with Flare, beta is used to follow the heading reference. Reference models to be used

for lateral control before flare phase are as follows:

d V, * sin(HU -y )
S MR RS - (6.15)
R is distance to landing point
Speed
Pema = (lpref - l‘U) ¥ —————— Bema =0 (6.16)

Theading * 9

Reference models to be used for lateral control after flare phase are as follows:

Oema = 0, Bema = (l‘Uref - l‘U) * Kheadingaeta (6.17)

t

ﬂref () = (.Btrim - ﬁcmd) * e(—TSidesup) + Bema (6.18)

And
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Theading = 30, Kheadingaeta =-1K,=1 (6.19)

In architectures where yaw rate (r) signal is used as feedback in lateral autopilot design,
washout filtered version of r signal is used as feedback. This is because noises during
lateral movement in the pilot assist systems will over-manipulate the pilot's
commands. What needs to be done in the washout filter is to make sure that the spiral
mode does not move further to the left half plane after the control loop is closed. The

filter places a zero at the origin and this forces the spiral mode pole to stay close to the

origin.
K« — 6.20
. = * .
WOriiter s+a ( )
First, a time constant « is chosen. « for a time constant of five seconds.
a=0.2 (6.21)

For K selection, the system's open-loop root locus graph should be examined. The gain
that provides maximum damping in the open-loop root locus should be chosen as K.
The K gain for this aircraft can be selected as 0.4293. As a result, the washout filter is

obtained as follows:

S
Wofilter = 0.4293 * S (622)

+ 0.2

6.1 Automatic Landing with PID Controller

6.1.1 Mathematical background

PID is a controller that includes the terms Proportional, Integral and Derivative. Each

term has a different effect on the system.

Proportional control is one of the most common and logically simplest control methods
in practice. In this structure, the feedback signal is extracted from the reference signal
and the error obtained is multiplied by a constant multiplier to obtain the control

command.
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Integral, as a concept, expresses the sum of the area under a curve. In integral control,
the error obtained from the reference and feedback difference of the system is added
continuously and multiplied by a gain and the control command is obtained. Integral
control, unlike proportional control, naturally avoids steady-state error because it is

based on the continuous accumulation of error.

Derivative control is a structure that affects the control signal through the change on
the related signal of the system. Depending on the rate of change of the signal, its
effect on the control signal changes, however, it cannot be used alone as it only
focuses on the change in error, because in case of fixed error it will not contribute to
the control signal. Noisy feedback or reference signals can cause problems for
derivative control, because of the noises on the sensor, the derivative term will

always want to generate the control signal.

PID control is obtained by using Proportional, Integral and Derivative control
together. The gain of each structure varies depending on the performance expected
from the system. PID control works on the difference between the feedback and
reference signal coming from the system, it has high industrial usage due to its easy

application. General scheme of PID controller as Figure 6.1.
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Figure 6.1 : PID Controller Scheme.

6.1.2 Automatic landing with PID controller

PID type controllers provide the generation of control signals between an input and an
output due to their structure. The aircraft is modeled with a state-space model with 2
inputs and 4 outputs on the longitudinal side and 2 inputs and 4 outputs laterally.
However, it is also possible to reduce a system with multiple-input multiple-output to
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a single-input single-output solution. In order to analyze the relationship between
inputs and outputs in the system with a mathematical background, it is necessary to

use the Relative Gain Array method[46].
At 300ft, -3 degree Gamma and 80Kkts condition,
Longitudinal RGA matrix is

—0.3592 1.3592

Zlﬁ 0.0057  0.0065
pha| _ 0 0
Thqt 13649 —0.3849
eta [Elevator Throttle]
Lateral RGA matrix is
Bot 11.7666  1.8234
eta ~0.0521  0.0526
f =\ —2.8487 29695
- 21342 —8.1988

[Aileron Rudder]

According to the relative gain array matrix, it is seen that the elevator control surface
should be used for the throttle control signal, pitch, alpha and q for speed control on
the longitudinal autopilot side; On the lateral autopilot side, rudder in beta control and
aileron in phi control should be used. In the case of controlling the aircraft with PID
and similar single-input, single-output controllers, the distribution of control surfaces

and feedback signals is similarly given in the literature.

Although the relative gain array method gives a relative gain array at zero frequency,
the effectiveness of the control surfaces at different frequencies can be variable for
different outputs, depending on the internal dynamics of the system. In the PID
controller design made in this thesis, only the relative gain array at zero frequency is
considered, and it is assumed that similar responses will be obtained for all

frequencies.

6.1.2.1 Longitudinal autopilot

The method in 5.1 will be used in the longitudinal autopilot design. This method
specifies an exponential reference as the altitude reference; likewise for the speed
reference, a reference will be commanded in which the speed decreases
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exponentially with the start of the descent. In order to provide this structure, a control

scheme has been created as Figure 6.2.
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Figure 6.2 : Longitudinal Controller Scheme.

In the control scheme, the value consisting of the altitude error is fed as Theta

reference, however, a stability augmentation system has been designed for the q

signal; the sum of control signals from the ThetaHold and g-SAS signal is also fed

into the system as an elevator command. Speed error is controlled by PI controller

and fed as Throttle command.

The gains used for the PID type controller are as Table 6.1:

Table 6.1 : Longitudinal PID Gains.

Controller Gain
Speed PI Controller - Proportional 5.9416
Speed P1 Controller - Integral 0.8355
Theta P1 Controller - Proportional -79.7643
Theta P1 Controller - Integral -20.0701
g-SAS 34.9278
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Elevator Sensitivity Function

Figure 6.7 : Sensitivity Bode Diagrams of Longitudinal Actuators (PID Controller).

Looking at the longitudinal autopilot performance results and stability analysis results,
it can be said that the landing with the PID controller both provides the stability limits

and successfully follows the landing horizon in terms of performance. (Table 6.2)

Table 6.2 : Longitudinal Stability Margins.

Loop Gain Gain Crossover Phase Margin Phase Crossover
Margin Frequeny Frequeny
Speed Inf Inf 90.2543 0.4286
q 16.4 59.4676 50.8692 20.6598
Theta 20.8 24.7645 86.56008 1.5239
Elevator 15.7 57.3 50.6 19.5443

Looking at the open-loop stability margins in the longitudinal plane (Figure 6.3, Figure
6.6, Figure 6.7), we see that it meets the stability margins in MIL-F-8785C, which are
clearly defined in Section 4.5. When the closed-loop sensitivity Bode diagrams are
examined, it is seen that the interference suppression bandwidth frequency of the
elevator loop is 14.33 rad/s and the disturbance suppression resonance value is 4.208
dB. When the closed-loop sensitivity Bode diagrams are examined, it is seen that the
interference suppression bandwidth frequency of the throttle loop is 0.4272 rad/s and

the interference suppression resonance value is 0.0367 db.
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If we examine the performance of the longitudinal part of the automatic landing
autopilot designed with PID; In Figure 6.4 altitude hold, pitch(theta) hold and speed
hold are important during the entire descent. With the transition to the flare part, which
takes place around the 75th second, the aircraft makes a nose lift. With this movement,
the vario decreases, and before the wheel put, the 2 degree theta command, which is
the stance theta angle on the track, comes, it is seen that the controller follows these
references successfully. In speed hold, the throttle control signal is used, here again
with the transition to the flare phase, the speed command starts to decrease not linearly

but exponentially, it is seen that the controller successfully keeps the speed reference.

Figure 6.5 shows the controller performances in the flare phase; There is no loss in
theta grip of the aircraft, accordingly the altitude grip is also seen to be successful. In
altitude hold, although it stays below the altitude line during the transition, the altitude
hold of the aircraft decreases to a distance of six meters as it approaches the runway.
Although there is fluctuation in speed holding with the flare transition, the
performance improves as it gets closer to the track. If the behavior of the control
surfaces during the landing is examined; There is no situation that occurs to the limit,
only hard movements are seen in the elevator at the moment of contact with the wheel.
This situation is negligible since ground controller is not designed within the scope of
the thesis.

6.1.2.2 Lateral autopilot

With the PID controller, a lateral landing autopilot was designed using the method in
5.2. For the lateral landing autopilot, a point on the runway, the direction of the
runway, the position of the aircraft, and the sideshift of the aircraft are used. The angle
between the aircraft and the runway is fed as the heading reference, this heading
reference is controlled with roll before flare and controlled with beta after flare. Before
the flare phase, the beta reference is taken as 0. With this logic, while the heading angle
of the aircraft is aimed to be the same as the runway, since the heading control is made
with beta in the flare phase, side wheel placement may occur on the runway, and this
situation can be corrected after wheel placement in a landing autopilot design where

the ground controller is designed. (Figure 6.8)
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Figure 6.8 : Lateral Controller Scheme.

Looking at the lateral conditions of the system, it can be seen that there are 2 inputs.
The first of these is the aileron control surface, the second control surface is the

rudder.

The gains used for the PID type controller are as Table 6.3.

Table 6.3 : Lateral PID Gains.

Controller Gain
Beta PI Controller - Proportional 17.8776
Beta PI Controller - Integral 50.4756
Roll PI Controller - Proportional -50.9205
Roll PI Controller - Integral -5.3916
p-SAS 4.5362
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Considering the performance results of the lateral autopilot design and the results of
the stability analysis (Table 6.4), a controller has been designed that provides the
necessary constraints in the stability analysis and provides the desired performance in

terms of performance.

Table 6.4 : Lateral Stablity Margins.

Loop Gain Gain Crossover Phase Margin Phase Crossover
Margin Frequeny Frequeny
Beta 12.4 7.5612 97.526 0.6737
p 53.2442 61.5865 147.6681 6.9603
Phi 7.4813 13.515 63.1042 2.7247
Aileron 36.3518 51.249 69.6942 3.5023
Rudder 12.4 7.5612 97.526 7.56

Looking at the open-loop stability margins in the lateral plane (Figure 6.11), we see
that it meets the stability margins in MIL-F-8785C, which are clearly defined in
Section 4.5. When the closed-loop sensitivity Bode diagrams are examined (Figure
6.12), it is seen that the disturbance rejection bandwidth frequency of the elevator loop
is 2.802 rad/s and the disturbance rejection resonance value is 1.576 dB. When the

closed-loop sensitivity Bode diagrams are examined, it is seen that the disturbance
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rejection bandwidth frequency of the throttle loop is 0.796 rad/s and the disturbance

rejection resonance value is 3.695 db. (Figure 6.13)

If we examine the performance of the lateral part of the landing autopilot (Figure 6.9,
Figure 6.10); Heading with roll before the flare phase is seen to be successful and it is
seen that the heading reference is approximately settled before the flare phase is
completed, it is seen that it can keep heading with low beta commands in keeping the
heading with beta after flare, what low beta references bring to the landing autopilot is
that the nose of the aircraft is on the runway at the time of landing. being in the same
direction. It also successfully keeps the O degree beta reference before the flare. It
successfully maintains the O degree roll reference after flare, which is important for
the aircraft to contact the rear landing gear at the same time with the runway and not

to overturn.

6.2 Automatic Landing with Linear Quadratic Integrator (LQI)

6.2.1 Mathematical background

LQR control structure is an optimal control method with state feedback designed to
minimize a determined cost function. LQR controller, which is actively used in many
fields such as industry, manufacturing, automotive and robotics, stands out in MIMO
systems in matters such as its stability and successful noise rejection. LQR controller,
a method of modern control theory, uses the state-space representation in the analysis
of the system. State-space representation provides a successful analysis and control
opportunity for MIMO and complex systems. The main purpose of the LQR controller
is to calculate the K gain matrix that will minimize the cost function from the system

parameters.

The state-space representation of the system to be controlled is as follows:
X =Ax + Bu,y = Cx (6.23)

and the cost function to be minimized with the state feedback controller u =—KXx in the

LQR control system is as follows:

J = % fo [xTQx + u"Ru]dt (6.24)
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The Q and R matrices in the J cost function are called weight matrices. These matrices
allow the control designer to adjust the weight values acting on the control inputs and
state variables, ie the extent to which these matrices have an impact on the performance
of the system. The Q and R matrices here are positively defined Hermitian or real
symmetric matrices. If the R matrix is chosen large with respect to Q, the optimal
regulator will bring the state vector to zero by consuming a small control power.
However, the residence time of the system will be longer. When the R matrix is chosen
small compared to the Q matrix, a greater control power will be consumed and the

state vector will rapidly move to zero, reducing the settling time.

LQI control architecture has a different side than LQR. In the LQI control architecture,
an integral is added between the selected or all channels and their references and it is
expected that there will be no steady-state error against the reference command given

in the system.[47]

-

Figure 6.14 : LQI Controller Scheme.

If we write the state equations on the diagram Figure 6.14.

Xy =1 —Cx (6.25)

x =Ax + Bu (6.26)

Xy =—Cx+r (6.27)
y =Cx (6.28)
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B A R W (629

y=I[C 0] [va] (6.30)
But

X
u=—Kx + K,xy = [K —K,] [xN] (6.31)
Here K matrix is the gain matrix of state feedback signals and K, matrix is the gain

matrix of integrator part.

In LQI control, a quaadratic function solution is aimed as in LQR control, however,
since there is an integrator effect on certain states and augmented matrices are formed
as seen in the above equations, the size of the Q and R matrices changes. Accordingly,
the Q and R matrices should be selected in accordance with the size of the new

augmented matrices.

6.2.2 Automatic landing with LQI controller

The LQI type controller structure allows the creation of a multi-input multi-output
control architecture unlike PID. Accordingly, a multi-input multi-output architecture
was preferred in both the longitudinal autopilot structure and the lateral autopilot

structure.

6.2.2.1 Longitudinal autopilot

In the longitudinal autopilot architecture (Figure 6.15), a Theta reference is created
from altitude and altitude error. For this, the Pl controller is used as the outer loop
controller, the coefficients of this controller are chosen the same as in the PID descent
controller. Tracking is provided by adding the integral effect to the Theta and velocity
retention part. Apart from that, feedback coefficients were found for 4 states (Speed,
Alpha, g, Theta) as in the LQR structure.
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N -

J= J[xTQx + uTRu] dt (6.32)
0

For the above quadratic optimization problem, the Q and R weight matrices are chosen

as follows.

R = [(1) g] (6.33)

SO OO OO
SO OO OO
SO rRr O OO
S O OO OO

=)

I
cocoocooRr
oNnNOoC oo O

The state space matrices of the state space model and Q, R matrices obtained as a result

of Algebraic Riccati Equation are as follows.

1.5348 42.7226 —11.4447 —115.8236
Kxjon = | 2.0775 12119 —0.1166 —12.1533 (6.34)
2.0775 12119 —0.1166 —12.1533
—0.5389
Kispeeq = | —0.4133 (6.35)
—0.4136
292.369
Kirneta = | —38.0935 (6.36)
—38.1178
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Controller).

Table 6.5 : Longitudinal Stablity Margins

Loop Gain Gain Crossover Phase Margin Phase Crossover
Margin Frequeny Frequeny
Speed Inf 0 139.8178 0.1507
q 13.9 7.9476 73.1 11.7
Theta 13.9 18.1 32.8517 7.2448
Alpha 17.24 21.9637 Inf Inf
Elevator Inf Inf 50.5967 8.1958

Looking at the open-loop stability margins in the longitudinal plane (Figure 6.18), we
see that it meets the stability margins in MIL-F-8785C, which are clearly defined in
Section 4.5. When the closed-loop sensitivity Bode diagrams are examined (Figure
6.19), it is seen that the disturbance rejection bandwidth frequency of the elevator loop
is 5.672 rad/s and the disturbance rejection bandwidth value is 2.124 dB. When the
closed-loop sensitivity Bode diagrams are examined (Figure 6.20), it is seen that the
disturbance rejection bandwidth frequency of the throttle loop is 0.1473 rad/s and the
disturbance rejection value is -0.001176 db.

If we examine the performance of the longitudinal part of the automatic landing
autopilot designed with LQI; Figure 6.16 shows altitude hold, pitch hold, and speed
hold throughout the entire descent. Although the altitude hold of the aircraft is seen to
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be quite successful in the pre-flare part, the speed hold does not follow the reference
exactly and the speed of the aircraft is seen as higher than the reference. The vertical
speed of the aircraft decreases with the nose lift directional pitch reference provided
with the flare transition, which is important for smooth wheeling on the runway. To
examine the performance after flare transition, it is necessary to look at Figure 6.17.
After the flare transition, although the LQI controller stays below the altitude reference
at the first moment, as in the PID controller, the error is reset as it approaches the
runway, and a similar behavior is in question when holding the speed. In addition, if
the control surfaces are examined, sudden movements are not seen in any part of the
descent. As the advantage of multi-input multi-output control, it is seen that the
feedbacks in the states are damped and the states that receive feedback with integral
are more successful reference tracking. In particular, the couple effects in the pitch
hold and, accordingly, the altitude hold are seen to be considerably reduced in the LQI

controller.

6.2.2.2 Lateral autopilot

In the lateral autopilot architecture (Figure 6.21), a Roll reference is created from the
head angle error. For this, the P controller is used as the outer loop controller, the
coefficients of this controller are chosen the same as in the PID descent controller.
Tracking is provided by adding the integral effect to the roll and beta grip part. Apart

from that, feedback coefficients were found for 4 states (Beta, p, r, Roll) as in the LQR

Headis
l Roil. l
—Runway Heading—sm(3)-Heading Error—sm| [—FRoll Referenc G—FRonE [——Aileron—-|
—  Distance to Landing Point—— |  Outer Loop LQI Controller Aircraft
Beta Referenc -® Beta Erof——p| ———Rudder—]
N
‘ Beta.

Figure 6.21 : Lateral Controller Scheme.
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] = %L [xTQx + uTRu]dt (6.37)

For the above quadratic optimization problem, the Q and R weight matrices are chosen

as follows.
10 0 0 0 O 0 1
0 00 0 O 0
o 0o 0o o o 0 7102 0
Q= 0 0 0 10 O 0 R‘[o 0.2] (6.38)
0 0 0 0 500 O
L0 0 0 0 0 200

The state space matrices of the state space model and Q, R matrices obtained as a result
of Algebraic Riccati Equation are as follows.

K = [ 116035 23593 50849 —18.8631) (6.39)
ton = | 159491 —1.6504 —7.4479 —15.8387 '
[ 328471
Kigera = [—37.6971] (6.40)
1238417
Kispeea = [20.7743 (6.41)
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Figure 6.22 : Lateral Performance (LQI Controller).
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Table 6.6 : Lateral Stablity Margins.

Loop Gain Margin Gain Crossover Frequeny Phase Margin Phase Crossover Frequeny
Beta Inf Inf Inf Inf
p 381.7802 0.1701 110.7815 5.3313
r 104 6.2024 73.2562 5.2866
Phi 8.77 6.3273 55.956 3.3691
Aileron Inf Inf 100.2159 2.0996
Rudder Inf Inf 101.4409 2.5666
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Looking at the open-loop stability margins in the lateral plane (Figure 6.24, Table 6.6),
we see that it meets the stability margins in MIL-F-8785C, which are clearly defined
in Section 4.5. When the closed-loop sensitivity Bode diagrams are examined (Figure
6.25), it is seen that the disturbance rejection bandwidth frequency of the elevator loop
is 2.341 rad/s and the disturbance rejection resonance value is -0.02362 dB. When the
closed-loop sensitivity Bode diagrams are examined (Figure 6.26), it is seen that the
disturbance rejection bandwidth frequency of the throttle loop is 2.961 rad/s and the

disturbance rejection resonance value is -0.02462 db.

If we examine the performance of the lateral part of the landing autopilot designed
with the LQI controller (Figure 6.22, Figure 6.23); Keeping the beta angle at O degrees
before the flare and tracking the roll reference produced from the heading error are
seen as successful. It is seen that the heading reference is followed successfully with
the low beta commands after the controller change (keeping the roll angle of O degrees
and controlling the heading reference with beta) with the flare phase. High-frequency
commands on the control surfaces are only seen at the time of the flare transition,
where the controller change is experienced, and this is considered normal, however,
the fact that the control surfaces are far from saturation shows that the control of the
aircraft can be made without forcing the limits.

6.3 Automatic Landing with Model Predictive Control (MPC)

6.3.1 Mathematical background

Basically, Model Predictive Control calculates the next output value of the system
using the current and previous input signal of the system. (Figure 6.27) In order to
minimize the error between the output of the system and the reference value, the most
appropriate control (input) signal sequence is calculated and applied to the system.
That is, a Model Predictive Controller is a controller that calculates the necessary
control sequence to optimize the future behavior of a system. The reciding horizon
control method is used to predict future output. Model Predictive Control began to be
used in industry in the 1980s and was initially used in slow processes such as
petroleum, chemistry, petro-chemistry. With the development of microprocessor
technology, it started to be used in fast systems such as robotic systems and power

systems in the following years. The main advantage of MPC are:
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* With linear and non-linear systems or systems with one variable and multiple

variables, the problem is solved without changing the controller formula.
* An optimal control law is used.
* Constraints are included during the design of the controller.

* The process model captures dynamic and static interactions between inputs, outputs
and disturbances.

PAST FUTURE
—— A

Reference Trajectory
P —e— Predicted Output
Ve Measured Output
Predicted Control Input
—— Past Control Input

|— Prediction Horizon
< >

| | | | | | | | |

] | 1 ] T T ] ] T »
+—r

Sample Time

k  k+1 k+2 y k+p

Figure 6.27 : Model Predictive Control Approximation Scheme.

Let the expression of a linear time-invariant system in discrete time space be as

follows:
Xk+1 :A'xk+B'uk,yk :C'xk (642)

Here x;, denotes the states of the system and u, denotes the inputs of the system. In
the model predictive control method, obtaining the optimal control sign of the system

at a certain horizon can be expressed with a quadratic function.

Np-1 Nc-1

JoGioU) = D (ref =y + Q= (ref =y )+ ) b+ R (6.43)
k=0 k=0

In quadratic function; Np denotes the predict horizon of the system, Nc denotes the
control horizon of the system, while x, denotes the state vector. The main purpose in
model predictive control is to calculate the U vector that will minimize this quadratic

function. Q, P and R weighting matrices are also important in the calculation of this
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vector. While the Q matrix expresses the weighting between the states of the system,

the R matrix expresses the weighting between the inputs of the system.

It may be necessary to add an integrator effect to the system in order to avoid
disturbances that may affect the system and/or to enable the system to follow the
reference without a steady-state error. For this, we need to manipulate the matrices of

the system and make them augmented.[9,48]

x(k+1) Aaqug x(k) Baug
[Ayx(gck: b= [CA 1][%?] ATE (6.44)

y(k) = [o 1) [Ax(gc’;)

The augmented models obtained after this manipulation contain an internal integrator
and prevent the system from having a steady-state error.

Based on the state-space form, the future state variables of the system can be expressed

as follows:

x(k +1) = Ax(k) + B(Au(k) + u(k — 1))
(6.45)

x(k +2) = A2 x(k) + AB(Au(k) + u(k — 1)) + BAu(k + 1)
+ B Au(k) + Bu(k — 1)
= A% x(k) + (AB + B)Au(k) + BAu(k + 1) (6.46)
+ (AB + B)u(k — 1)

x(k +3) = A3 x(k) + (A’B + AB + B)Au(k)
+ (AB + B)Au(k + 1) + BAu(k + 2)

(6.47)
+ (A’B+ AB + B)u(k — 1)
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x(k + Np) = ANP x(k)
+ (ANP71B + ANP2B ... + A?B + AB
+ B)Au(k)
+ (ANP=2B + ANP=3B + ... + AB + B)Au(k + 1)
+ (ANP=3B + ANP=4B 4 ANP=Sp 4 ...
+ B)Au(k + 2)
+ (ANP71B + ANP2B 4 ... + ANP~Ncp 4 4B
+Bu(k — 1)

(6.48)

Based on the state-space form, the future output variables of the system can be

expressed as follows:
y(k + 1) = CAx(k) + CB(Au(k) + u(k — 1)) (6.49)

y(k +2) = CA% x(k) + (CAB + CB)Au(k) + CBAu(k + 1)

(6.50)
+ (CAB + CB)u(k — 1)

y(k +3) = CA3 x(k) + (CA%B + CAB + CB)Au(k)
+ (CAB + CB)Au(k + 1) + CBAu(k + 2) (6.51)
+ (CA%B + CAB + CB)u(k — 1)

y(k +4) = CA* x(k) + (CA3B + CA%B + CAB + CB)Au(k)
+ (CA%B + CAB + CB)Au(k + 1)
+ (CAB + CB)Au(k + 2)
+ (CA3B + CA?B + CAB + CB)u(k — 1))

(6.52)

(6.53)
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y(k + Np) = CANP x(k)
+ (CANP~1B + CANP~2B + ... 4+ CA?B + CAB
+ CB)Au(k)
+ (CANP=2B + CANP=3B + ...+ CAB + CB)Au(k
+1)
+ (CANP=3B + CANP=4B 4+ CANP=5B + ...
+ CB)Au(k + 2)
+ (CANP=1B + CANP=2B + ... 4+ CANPNeBYy (K
-1

Note that all variables can be expressed in terms of previous outputs of the system and

future control signals. If the output variables are expressed as a vector:
Y =yl + 11 kdy(ki +2 1 k)y(k; + 3 1 k) . y(ki + Ny | ki)]T (6.54)

With these vectors, we can express the prediction horizon of the system in a simpler

way.
Y = Fx(k;) + HAU (6.56)
where
[ CA [ CB 0 0 0]
C A2 CAB CB 0 0
F= l cA® ‘:H = l CA?B CAB CB 0 (6.57)
CANv CAN%»—lB CAM»=2B  CAMp=3B ...CANpNcB

Let ref; the reference value given to the system be extended along the forecast

horizon. Accordingly, we can also revise the quadratic function equation.

] = (ref, —=Y)T(ref, —Y) + AUTRAU (6.58)

The place where a quadratic function is the minimum for the unconstrained solution is

located where its first derivative is 0, accordingly:
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aj

AT = =207 (ref, — Fx(k)) + 2(®T® + R)AU = 0 (6.59)

and the control sign for the unconstrained solution can be expressed with the prediction

matrices F and H:
AU = (HTH+ R) 1@ (ref, — Fx(k;)) (6.60)

For the constrained solution of the quadratic function, the first derivative of the
objective function will not be sufficient, here the control command that minimizes the

objective function can be calculated with different optimization solution methods.

Another thing as important as performance in control system design is the stability of
the system. Since the control coefficients of control loops are certain in Explicit
solutions, open loop and closed loop stability analyzes can be made by breaking the
loops from various places. In the Model Predictive Control method, where the online

control signal is obtained, it is not possible to do this analysis with classical methods.

[16] made some recommendations for stability analysis for MPC. For this, all
eigenvalues of the A matrix of the state-space model are in the unit-circle, the
weighting matrix Q > 0 and the Lyapunov matrix Q > 0 ensure the stability of the

system.

6.3.2 Automatic landing with MPC controller

The Model Predictive Control method is a multi-input multi-output control method.
For the reasons explained in chapter 6.3.1, an integrator has been added to the system
and control is provided over the obtained augmented matrices. In addition, the system
was divided into two parts longitudinally and laterally, as in the previous sections and
general aviation applications, and a separate controller design was made for these two
parts. The continuous time state-space model of the system is discrete according to the

operating frequency of the system.

In the controller design, constraints were added on the control signals, while the
constraints were added, the boundaries of the system inputs (control surfaces) were
taken as limits and the MATLAB quadprog function was used for the constrained

solution.
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One of the most important performance criteria of the Online Model Predictive Control
method is the speed of solution of the problem. Within the scope of automatic descent
control problem, control signals created continuously by the state-space Model
Predictive Control method were used. While the system is running for 0.0005s, the
sampling time of the control structure is chosen as 0.02s. In the Model Predictive
Control problem, the prediction horizon is 40 steps and the control horizon is 1 step.
However, the average solution speed of the problem was 0.0013s. It is seen that the
solution speed of the MPC problem is 14.9324 times the sampling time of the

controller.

6.3.2.1 Longitudinal autopilot

In the longitudinal autopilot design, altitude and speed hold autopilot are designed.
Theta reference was obtained by passing the altitude error Pl control, the Model
Predictive Control structure was used for Theta and Speed holding as the inner loop
controller. (Figure 6.28)

"’ vy
—Allude Referenc fitude Eiva/—a|  Outer Loop Theta gmem Err =

MPC Controller Aircraft

—Speed PEfErEnce‘?—SpeEd Error—p| | Thottle— ] —‘

Figure 6.28 : Longitudinal Model Predictive Control Scheme.

The Q and R weighting matrices for the Model Predictive Control are defined as

follows.

0= [0.0%4-43 [68.(&)389

(6.61)

684.(;243] k= 0.(())4]

When the weighting matrices used for longitudinal autopilot are examined with

Lyapunov Theorem:

314.2895 —3382.3 222.6021 3346
g = —3382.3 839540 —72299 —992840
[ 222.6021 —-72299  6689.7 879710
3346 —99284 87971 120110

(6.62)
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A(Q) = [234.1146 285.607 11256 2035900] (6.63)

However, in the controller designed discrete linear model of the system, the

eigenvalues of the system are in the unit circle, their locations:
[0.986 + 0.023i 0.986 — 0.023i 0.9995 + 0.0016i 0.9995 — 0.0016i]

Along with these proofs, the system provides stability in closed loop as stated in 6.3.1
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Figure 6.29 : Longitudinal Performance (MPC Controller).

If we examine the performance of the longitudinal part of the automatic landing
autopilot designed with MPC; Figure 6.29 shows altitude hold, pitch hold, and speed
hold throughout the entire descent. If we examine the speed holding before the flare
phase; With the start of landing, the speed of the aircraft hovers around the speed
reference and successfully follows the speed reference after about 20 seconds.
Roaming around the reference here is one of the initial conditions of the simulation,
and such a situation will not be seen in case of a rollover from another autopilot
structure before the landing autopilot. After the flare transition (Figure 6.30), the speed
hold is seen to be very successful. If we examine the control surface commands, there

IS no such thing as limiting in the commands and it is seen that the control is achieved
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with a successful one. If the altitude hold of the aircraft is examined; Altitude hold is
seen as successful before the flare phase and there is no loss in theta grip. With the
flare transition, the altitude reference comes exponentially rather than linearly, altitude
hold is also very successful here, and the performance of the altitude tracking increases
as the wheel approaches the put-down phase.
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Figure 6.30 : Longitudinal Performance at Flare (MPC Controller).

6.3.2.2 Lateral autopilot

In the lateral autopilot design, heading angle and sideslip(beta) hold autopilot are
designed. Roll reference was obtained by passing the heading error, the Model
Predictive Control structure was used for Roll and Beta holding as the inner loop

controller. (Figure 6.31)

The Q and R weighting matrices for the Model Predictive Control are defined as

follows.

Q:[é (1)]R:[580 580] (6:64)
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Figure 6.31 : Lateral Model Predictive Control Scheme.

When the weighting matrices used for longitudinal autopilot are examined with
Lyapunov Theorem:

165520 -364010 -20155 -—-25375
—36401 32380 10433 21907

CO=|_11502 10433 34284 70547 (6.65)
—2575 21907 70547 14930
A(Q) =[161.219 7552.5 120390 190570] (6.66)

However, in the controller designed discrete linear model of the system, the

eigenvalues of the system are in the unit circle, their locations:
[0.9739 0.9878 — 0.0301i 0.9878 + 0.0301i 0.9988]

Along with these proofs, the system provides stability in closed loop as stated in
chapter 6.3.1

If we examine the performance of the lateral part of the landing autopilot (Figure 6.32)
designed with the MPC controller; Before the flare phase, the tracking of the heading
reference with the roll cycle is quite successful, and it is seen that it converges to the
required heading reference before the flare transition. With the flare phase transition
(Figure 6.33), it successfully follows the O degree reference of the roll angle. After the
phase transition, a structure in which the heading reference tracking is made with beta
is passed, it is seen that the beta reference tracking is followed successfully, at the end
of the flare phase, there is a heading holding error of 0.1 degrees during wheel
placement, this shows that the aircraft put the wheels in the same direction with the

runway.
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6.4 Automatic Landing with Algebraic Model Predictive Control (A-MPC)

6.4.1 Mathematical background

Many different methods have been proposed to increase the solution speed of the
Model Predictive Control method. The Algebraic Model Predictive Control method is
one of the recommended methods to increase the solution speed. [49] In this method,
the constrained model predictive control problem is reduced to an unconstrained mpc
problem by using the tangent hyperbolic function. Tanh, as a continuous and
differentiable saturation-like function, allows system constraints to be expressed in
dynamic equations. The tanh function definition for inputs, states and outputs can be

done as follows:

@(x) = X, - tanh(%- - x) (6.67)
o) = i, - tanh(@i;?! - w) (6.68)
() =, - tanh Gz - y) (6.69)

The vector form of the equations obtained as a result of advancing the MPC problem

passed through the tanh function along the control horizon:
Uo
X1 A- 5 l (6.70)
Un-1

X. = blkdiag{%,, ..., %.},U, = blkdiag{ii,, ..., Ti.}

X1

i

XN

Xo

+ B - U, -tanh Iﬁgl-

)z)?c-tanh

XN-1

Here

(6.71)
A = blkdiag{A, ...,A}, B = blkdiag{B, ..., B}

In the Algebraic Model Predictive Control method, the signal coming out of the control
system is passed through the following structure to be a precaution to limit the control

signal.

oW*) = 1, - tanh(@z?! - u*) (6.72)
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6.4.1.1 Input constraints handling

The algebraic MPC problem with input constraints can be expressed as:

N-1

Jo(xo, U) = xf - P-xy + Z xi - Q x + o) R ouy) (6.73)
k=0

The state equations along the prediction horizon can be written as follows.

X=S,%xy+Sy*pu) (6.74)
Xo Uy
X=|:|,Uu=|": ] (6.75)
XN Uy
[ ,51 ] 0 0 . 0
B 0O . O
S.=|" " |.Sy =| AB L.l (6.76)
" AN-1B . . B

Accordingly, the cost function can be written as follows.
JoCxo, U) = @(U) He(U) + 2x§Fo(U) + x{ Y xq (6.77)
Where
H=SE+QxSy+RF=5SFQx*Sy,Y=5F*Q=Sx (6.78)

By taking the gradient (slope) of the cost function, the equation to obtain the control

sign is obtained:

VJ(xo) = 2H - [U.U; *sech? (U;1U)] - [U tanh (T71U)]

~ ~ 6.79
+2x§F - [U U *sech? (U;tU)] =0 (679)

The control sign can be obtained by factoring the equation:
V.J(x) = sech?(U;1U) - (2H|[U, tanh(T;1U)] + 2x[F) =0 (6.80)
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tanh(U;1U) = —U7*H 'FTx, (6.81)
Tanh is applied to both sides of the equation:
tanh[a, - tanh(U;1U)| = tanh[—a; - U7 H*F x| (6.82)

In this equation, a; is an adjustable coefficient matrix. In this way, it is guaranteed that

both sides of the equation are in the range (—1,1).
U71U = tanh™*(tanh|[—a, - U7*H71FTx,)) (6.83)
Leaving U alone, the suboptimal solution for MPC is obtained under input constraint.
U =Ky x0,Ky = —a,H1FT (6.84)

Where Kj, is adjustable parameter.

The proposed method provides adjustable parameters for the designer. By using a4,
the designer can use it for performance tuning in different applications.

Input constraints handling tracking revision for augmented matrices

If we replace the S,, and S;; matrices in Equation 6.56 with the matrices in Augmented

Model Predictive Control, we get the following matrices.

— C -
[ 0 0 O]
cA CB 0 0 |
SE - ) 'SUE = CAB (685)
3
] CAN-'B . . CB

After revising the S, and S;; matrices, it is necessary to turn the X matrix into error
regulation (tracking). For this reason, it is necessary to arrange the X matrix in 6.55 as

follows.

E =

ref — xol
: (6.86)

ref —xy
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When we put the state equation matrix in 6.54 into the tracking form with the

augmented matrix, we get the equation in 6.66.

Y = Sg x (ref —yo) + Sy * (W) (6.87)

In this case, the control signal for the algebraic model predictive control expressed

with augmented matrices is as follows.
AUy, = Kyg - (ref — yo), Kyp = —a1Hg 'F§. (6.88)
Here

Hg = Sip * Q * Syg + R, Fp = S§ * Q * Syg (6.89)

6.4.1.2 State constraints handling

If we write the state equations expressed along the prediction horizon by restricting it

to the tanh operation and if we put U* as control signal, we get the following equation.
X =X, * tanh(X* * [Sy * xo + Sy * o(U)]) (6.90)

If we insert U™ as the control signal in equation 6.54 and write this equation together

with equation 6.64, we get equation 6.65.
Sy * %o + Sy * @(U*) = X, = tanh(X;1 % [Sy * xo + Sy * (U;)]) (6.91)
At this point U*can be written as a function of U;;.
tanh(U* + U) = U+ S5 [Re" + tanh(XE + [S  xo + Sy  @(U)]) = Sy * xo (6.92)
Where S} is Moore-Penrose pseudoinverse of nonsquare S;; matrix.

U* = U, tanh™* (tanh (°<z U1« S5 [)?ET * tanh(XT * [Sy * xo + Sy * @(U;)]) — Sy * xOD) (693)

99



State constraints handling tracking revision for augmented matrices

In order to revise the State Constraint approach according to the Augmented Model
Predictive method, the revisions made in the Input Constraint approach should be
made first. For this, the matrices must be changed as in 6.67. After these operations

are done, the State Constraint solution is obtained as follows.

tanh(U;1«U) = U1

+ S5 [B." + tanh(ET + [S * (ref = o) + Sug * (Ui)]) (6.94)
= (ref = y0)|
Here
E. = blkdiag{@,, ..., e}, e. = diag{(ref — x.,), ..., (ref — x.,)} (6.95)

If Equation 6.76 is written together with 6.77, the control signal for the Algebraic

Augmented Model Predictive can be expressed by the following equation.

AU* = U, tanh™! (tanh (oc2 ot
(6.96)
* Sz [ECT * tanh <E"CT * [Sg * e + Syg * <p(U{§)]> — Sg * e]))

Here

e=ref —y, (6.97)

6.4.2 Automatic landing with input constraint AMPC controller

Algebraic Model Predictive Control is a solution method that numerically solves the
Model Predictive Control problem with an algebraic approach. This method, which
uses the system's state-space matrices, uses the saturation-like and differentiable tanh
function to handle the constraints. Within the scope of the thesis, for a solution that
follows the reference and does not have a steady state error, the system matrices are
replaced with augmented matrices and integral action is added to the system. In the
input constraint solution, a control signal is determined by assuming that the system
has only input constraints, and the calculation of this signal can be calculated

completely offline.
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6.4.2.1 Longitudinal autopilot

In order for the Algebraic Model Predictive Control response to be comparable to the
Model Predictive Control response, the weighting matrices are taken the same as the
Model Predictive Control. In the longitudinal autopilot design, altitude and speed hold
autopilot are designed. Theta reference was obtained by passing the altitude error Pl
control, the Algebraic Model Predictive Control structure was used for Theta and

Speed holding as the inner loop controller. (Figure 6.34)

—Alttude Reference—s-(S2)—Alitude Ertor—a|  Quter Loop Thete: S)—Tmetat Fa () Elevator e J

Algebraic MPC. Aircraft

—Speed R ®—5‘pEEd Er [ - Thrttice —‘

Figure 6.34 : Longitudinal Algebraic Model Predictive Control Scheme.

The Q and R weighting matrices for the Algebraic Model Predictive Control are

defined as follows.

0= [0.0%443 0 R = [68.(2)389 (6.99)

od
684.7243 0.04

If we examine the performance of the longitudinal part of the automatic landing
autopilot designed with algebraic MPC; Figure 6.35 shows altitude hold, pitch hold,
and speed hold throughout the entire descent. The performance is expected to be
basically similar as the weighting matrices of the algebraic MPC are chosen to be the
same as the MPC controller. When the altitude hold is examined in general, although
it is seen as similar, the performance in speed holding is seen to be lower than MPC.
The reason for this is thought to be the offline calculation of the gain in the input
constraint solution, unlike MPC. The performance in altitude grip is seen as similar to
the classical solution and the performance of the altitude grip is considered sufficient
after the flare transition and there is no loss in theta grip. It is seen that the vertical
speed converges around 0 fpm until the moment of landing, which is important for the
aircraft to put wheels on the runway smoothly. With the flare, there is an error of the
order of 2 knots in holding the speed, although this speed is higher than the reference,

it is sufficient for the aircraft not to rise after landing. (Figure 6.36) During the design,
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the speed commanded here is at the speed at which the lift will not stay, ensuring that

it does not rise again in this situation.

Altitude
500 T T
Reference
Altitude
400 7
300 7
200
100 b 0
m T
1An
||“(‘-me\7777 — JJ
O ! L n -5 L L L L L L L L =
0 50 100 150 0 20 40 60 80 100 120 140 160 180
Speed VerticalSpeed(fpm)
80F T T T 5 0 " T T T T T
A Reference J‘\’
T Speed 200 ‘! [ b
7oF ——— Mae J
\ 4007”““] N AP I —— |
e AN 600 !
60| — 1
0 20 40 60 80 100 120 140 160 180 0 20 40 60 80 100 120 140 160 180
Actuators Landing Gear
- T - - T 1 - T I —
L} NoselG
Elevator ¢
Throttle/10 | 4 RightLG
o h}‘v\f\w sl LefiLG
T T e "
5 | I | | | I I 1 0 . . I . . . I |
0 20 40 60 80 100 120 140 160 180 0 20 40 60 80 100 120 140 160 180

Figure 6.35 : Longitudinal Performance (Input Constraint AMPC Controller).
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Controller).
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6.4.2.2 Lateral autopilot

In order for the Algebraic Model Predictive Control response to be comparable to the
Model Predictive Control response, the weighting matrices are taken the same as the
Model Predictive Control. In the lateral autopilot design, heading angle and
sideslip(beta) hold autopilot are designed. Roll reference was obtained by passing the
heading error, the Algebraic Model Predictive Control structure was used for Roll and

Beta holding as the inner loop controller. (Figure 6.37)
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Figure 6.37 : Lateral Algebraic Model Predictive Control Scheme.

|

The Q and R weighting matrices for the Model Predictive Control are defined as

follows.

=14 Yn=1% h o

If we examine the performance of the lateral part of the landing autopilot designed
with an algebraic MPC controller; The performance of the outer loop structure, which
ensures that the aircraft is in the same direction with the runway, is seen when the
difference is around 0 degrees at the time of landing. In this structure, it is provided by
the roll tracking of the heading angle reference before the flare, and it is provided by
the beta tracking after the flare. It is seen that the beta reference grows as it approaches
the landing moment, where the beta tracking is in accordance with the reference and
there is no phase shift that would cause a loss or oscillation. This increase in the beta
reference is thought to be due to the ground effect, which increases with approaching
the ground. The performance in roll holding is considered sufficient both before and
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after flare, and there is no loss between the reference roll and the feedback. (Figure

6.38, Figure 6.39)
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Figure 6.39 : Lateral Performance at Flare (Input Constraint AMPC Controller).
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6.4.3 Automatic landing with state constraint AMPC controller

In the State Constraint approach of the Algebraic Model Predictive Control method,
unlike the Input Constraint approach, the constraints for the states of the system are
used to determine the control signal. In Section 0, a revision of the State Constraint
solution with augmented state space matrices was made and this revision was also used
in the automatic descent algorithm. In this case, the constraints are not added directly
to the states, but to the difference (error) of the states by reference. Another factor that
distinguishes the State Constraint Algebraic Model Predictive Control method from
the Input Constraint method is that online calculation is effective in determining the
control signal. Here, although some of the parameters can be determined offline, the

final control signal is obtained with the online solution.

While the system is running for 0.0005s, the sampling time of the control structure is
chosen as 0.02s. In the Model Predictive Control problem, the prediction horizon is
40 steps and the control horizon is 1 step. However, the average solution speed of the
problem was 9.07177535829346 = 107 °s. It is seen that the solution speed of the
AMPC problem is 2204.64 times the sampling time of the controller.

In the state constraint MPC structure, the weighting matrices are taken the same as the
MPC, and it is considered sufficient that the main gain is the increase in the solution
speed of the problem. Although an improvement in performance is not expected due
to its basic structure, an increase in performance when the control surfaces reach

saturation has been observed in the previous study on this subject [50].

6.4.3.1 Longitudinal autopilot

In order for the Algebraic Model Predictive Control response to be comparable to the
Model Predictive Control response, the weighting matrices are taken the same as the
Model Predictive Control. In the longitudinal autopilot design, altitude and speed hold
autopilot are designed. In this control structure, fixed gains are used in the outer loop
and these gains are taken in the same way in the previous control structures, the values

are given in Figure 6.40.

The Q and R weighting matrices for the Algebraic Model Predictive Control are

defined as follows.
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Figure 6.41 : Longitudinal Performance (State Constraint AMPC Controller).

If we examine the performance of the longitudinal part of the automatic landing
autopilot designed with the State Constarint Algebraic MPC; Figure 6.41 shows
altitude hold, pitch hold, and speed hold throughout the entire descent. With the start

of the landing simulation, there is a damped oscillation as can be seen in the aircraft

control surface behavior, this is because the control surfaces are not in the trim

condition at the start of the simulation. In a purely autopilot design, this will not occur
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as the initial conditions for the control surfaces will be the conditions prior to the

descent transition. Until the transition to the flare phase, a successful performance is

observed in both speed hold and altitude hold, with the transition, the theta reference

IS given so that the vertical speed of the aircraft is 0 and the aircraft successfully

follows this reference. However, it is seen that the exponential decrease in the speed

reference during the transition is also followed successfully, here with the advantage

of being a multi-input multi-output controller structure, the couple effects do not

predominantly affect the behavior of the system. With the vertical velocity (vario)

reference coming around O before landing, it appears that wheeling can be

accomplished with low fpms. (Figure 6.42)
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Figure 6.42 : Longitudinal Performance at Flare (State Constraint AMPC

6.4.3.2 Lateral autopilot

Controller).

In order for the Algebraic Model Predictive Control response to be comparable to the

Model Predictive Control response, the weighting matrices are taken the same as the

Model Predictive Control. In the lateral autopilot design, heading angle and
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sideslip(beta) hold autopilot are designed. Roll reference was obtained by passing the
heading error, the Algebraic Model Predictive Control structure was used for Roll and

Beta holding as the inner loop controller. (Figure 6.43)
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Figure 6.43 : Lateral Algebraic Model Predictive Control Scheme.

The Q and R weighting matrices for the Model Predictive Control are defined as
follows.
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Figure 6.44 : Lateral Performance (State Constraint AMPC Controller).
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Figure 6.45 : Lateral Performance at Flare (State Constraint AMPC Controller).
If we examine the performance of the lateral part of the landing autopilot designed

with an algebraic MPC controller; With the start of the landing simulation, there is a

damped oscillation as can be seen in the aircraft control surface behavior, this is

because the control surfaces are not in the trim condition at the start of the simulation.

(Figure 6.44) In an autopilot design to be made for the entire envelope of flight, this

will not occur as the initial conditions for the control surfaces will be the conditions

prior to the descent transition. The roll tracking of the aircraft is seen to be successful

both before and after the flare. Accordingly, it is seen that the heading holding error

before the flare is getting smaller and smaller. It is seen that the beta tracking of the

aircraft successfully follows the fixed O reference before the flare and the beta

reference produced by the heading error after the flare, the lateral speed of the aircraft,

the runway and the aircraft position. (Figure 6.45)
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7. RESULTS

During the thesis, an automatic landing autopilot was designed with a total of 5
different control methods. These methods are respectively: PID, LQI, MPC, Input
Constraint AMPC, State Constraint AMPC.

PID control method is a single-input single-output control system, the purpose of
designing an automatic landing autopilot with this method is to prove that landing can
be done safely with a classical feedback method, which is frequently used in the

industry.

LQI control method is a multi-input multi-output control system, the purpose of
designing an automatic landing autopilot with this method is to prove that an automatic

landing autopilot can be designed with an integral action reference tracking.

MPC control method is a multi-input multi-output control system, augmented system
matrices are used to add integral effect to the system while designing the automatic
landing autopilot with this method. The resulting structure is similar to LQI, resetting
the error and regulating the states. The purpose of designing an automatic landing
autopilot with this method is to see the effect of using online control signals on
performance and to determine the ratio of the calculation time to the system cycle.

Here, the calculation time is important for the healthy control of the system.

Input Constraint AMPC control method is a multi-input multi-output control system,
although it is similar to the classical state-space MPC control system with this method,
it makes a difference as it can be calculated completely offline and provides a

numerical solution by using an algebraic function in determining the optimal gain.

The State Constraint AMPC control method is a multi-input multi-output control
system. With this method, similar to the classical state-space MPC control system,
several parameters can be determined offline, but reaching the numerical solution

using an algebraic function increases the computation speed of the control system.

It has been tested on a non-linear model for performance measurement of control

systems. In addition, the responses of all control systems and their performance in
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reference tracking have been examined, not only when the system is completely

healthy, but also under various disturbance and structural deformation conditions.

The system test conditions are as follows:

Windshear: on, off.
Turbulance: no turbulance, light turbulance, moderate turbulance.

Damage state: no damage, rudder off, vertical tail off, left outboard flap off,

left wingtip off, left elevator off, left stabilizer off.
Damage time: glide start, flare start, touchdown start.
Wind speed: 0, 5, 10, 15, 20, 25.

Wind degree: 0, 60, 120, 180, 240, 300.

Within the scope of the tests, tests were carried out for each controller under 4536 test

conditions and a total of 22680 test conditions. Certain restrictions are placed on the

evaluation of the test matrix:

The altitude hold error is 5 meters below the all landing, the altitude hold error

is 3 meters below the Flare phase.

Speed hold error under 10 knots during the all landing, speed hold error under

5 knots in the Flare phase.
Vario under 200 fpm when wheeled.

The heading hold error is 20 degrees below the entire landing, the heading hold

error is 10 degrees below the Flare phase.
Lambda value less than 1 degree at the time of putting the wheel.

As a result of all tests, the performances of the controllers are as Table 7.1.

If we evaluate the test results;

PID controller, which is a single-input single-output controller, is seen as the

most unsuccessful in terms of performance.

LQI controller, which is a classical feedback and multi-input multi-output

controller, gives more successful results than PID controller. The reason for
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this is that it can be effective in controlling feedback with different control

surfaces, especially in control surface (partial or complete) losses.

- The MPC controller is constantly calculating gains to revise the control signal,
so higher performance is expected before the problem is addressed. The results

are also in line with expectations.

- The performance of algebraic MPC's input constraint solution seems to be
lower than that of classical MPC, one of the reasons for this is that there is no
online optimization. However, the LQI seems to be successful compared to the
controller, the performance of the Input Constraint AMPC in saturation control
surface conditions is also seen in [50].

State Constraint AMPC, on the other hand, is the most successful among the 5
controllers, where the ideal control signal is determined more ideally due to
online optimization, and its applicability is seen to be high in real platform
applications with its high-speed solution capability from MPC.

Table 7.1 : Controller Compare.

Controller Total Succesful Landing Total Test - Successful
Landing Rate

PID 369 %8.13

LQI 498 %10.98

MPC 1050 %23.15
AMPC (Input Constraint) 918 %20.24
AMPC (State Constraint) 1281 %28.40
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